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SUMMARY
Thermal control of an OF7/B-H, propulsion module for a Jupiter mission is
feasible with state-of-the-art hardware as the propellant temperature, unlike that of
liquid oxygen or liquid hydrogen, is sufficiently high to radiate appreciable amounts of
heat to space. Also, the presence of a constant temperature RTG provides a reliable,
easily controlled heat source to establish the proper heat balance on the tank.
Since the thermal control design requirements are not critical, the propulsion
module configuration is dictated by the propulsion and structural subsystems.
A single tank for each propellant provides a design with the best arrangement for
thermal control as well as the most reliable propellant supply system. This configu-
ration is, however, heavier than a two-tank arrangement due to increased stage length,
but the penalty is less than 1%. The single-tank arrangement also causes the module
center of gravity to be shifted laterally approximately seven inches from the spacecraft
centerline which is easily compensated for by the proper gimbal angle.
The design provides the most efficient structural configuration in utilizing a space
truss system with a propellant tank support platform. This configuration is also best
for thermal control because the fluid tanks have a clear view of space and the RTG.
Installation of the spacecraft's electronics package on top (rather than the side) of the
module also allows the module an unobstructed view of space.
The type of tank material is unconstrained by thermal control. The use of non-
metallic struts to stabilize the top of the propellant tank is an advantage for structural
design (less weight) and for thermal control (heat transfer from the spacecraft to the
propulsion module is substantially reduced). A bottom support frame constructed of
metal members and an aluminum beam supporting the helium tank is recommended to
thermally connect the helium and propellant tanks. The pin joint design at the bottom
of the tank is unconstrained by thermal requirements.
With the design chosen, the module weight without fluids is 502. 9 lb, the
spacecraft weight, 1200 lb. Non-porous foam insulation for the tanks is dictated
by thermal requirements. Neither porous foam nor multilayer, aluminized Mylar will
suffice since both permit frost formation on the module during groundhold. However,
the decision to insulate each tank separately is dictated by structural considerations.
Liquid nitrogen cooling coils mounted inside each tank provide a convenient cooling
method during groundhold. The exact amount of coolant needed must be determined by
further tests. However, the cooling capacity of this design is considerably in excess
(500% ) of the worst case (provided the LN~ supply has a 50 psig capability). The LN_
coolant supply system will have three independent circuits (one for each tank), which
operate on temperature signals from the tanks.
VI
Because of the high heat capacitance of the fluids, the LN- coolant flow may be
discontinued for extended periods, but full propellant tank pressures may become exces-
sive during periods of non-cooling if they are pressurized to their limit when at their
minimum temperature.
The flight thermal control design consists of two passive radiators for each pro-
pellant tank. This provides ample mission control and allows for significant mission
deviation. Semi-passive louvers are required only if the spacecraft sun shield is less
than 10 ft in diameter or if the off-pointing angle exceeds 31 for an extended period
( > 3 0 hours) prior to day 30.
Analysis of propulsion system operation indicates that the helium tank volume is
sufficent as designed. After the last firing, helium tank pressure will still exceed 800
psi. The propellant lines and other control components will stay within the required thermal
limits during operation. The bipropellant valve will rise above its allowable operating
temperature if the engine is exposed to solar radiation for even short periods (hours),
and will also rise to approximately 600 R due to heat soak-back on engine shutdown.
This will present no problems if the valve is constructed of the proper materials.
The only restrictions on a mission with the selected configuration are:
1) When full, the propellant tanks should not be fully pressurized at
the minimum tank temperature if there is any possibility that the
tanks temperature will rise to the maximum allowable. This
restriction is necessary to avoid over-pressurizing the tanks.
2) The first firing must be scheduled at such a time that the bipropellant
valve has had sufficient time to cool down from pre-launch ambient
temperature.
Neither restriction presents severe mission restraints.
VII
NOMENCLATURE
A Area, ft
с Specific heat, Btu/lb-°R
P
D Diameter, ft
G Solar constant, 430 Btu/ft -hr
GR Grashof number, dimensionless
g Gravitational constant, f t/hr
h. Internal film coefficient, Btu/ft -hr- R
h External film coefficient, Btu/ft -hr-°R
I Specific impulse, I/sec
k Thermal conductivity, Btu/ft -hr-°R/ft
i Length, ft
M Propellant mass, Ib
P_ Prandtl number; dimensionless
К.
Q, q Heat transfer, Btu/hr
R Reynolds number, dimensionless
Т Temperature, °R
U Thermal transmittance, Btu/hr-ft -°R
V Velocity, ft/hr
v Velocity, ft/sec
w Weight, Ib
x Distance, ft
AV Change in velocity, f t/sec
a Solar absorptivity
p Coefficient of volumetric expansion, 1/ R
j Emissivity
6 Off-pointing angle, degrees
P Density, lb/ft3
v Kinematic viscosity, ц/р
ц. Viscosity, Ib/hr-ft
viii
1. INTRODUCTION
This final report presents the results of a study of thermal control systems for
a Jupiter spacecraft propulsion module. The objectives of the study were to analyze,
design, and prepare a testing plan for thermal control systems for:
1) A space storable propellant (OF?/B_H,) propulsion module.
2) A high energy mono/bipropellant (F-/N-H.) propulsion module.
While Jupiter mission objectives dictated many of the design criteria (Sections
2 and 3), four general requirements were imposed by the contract's work statement.
1) Only passive or semi-passive concepts can be used for flight
thermal control.
2) Active thermal control during grovmdhold can be used, but
passive and semi-passive systems are preferable.
3) Only state-of-the-art hardware concepts or those requiring
very little development can be used in the thermal control
system.
4) Fluid tanks are to be constructed of boron composite filament
with 0. 010-in. aluminum liners.
The study was divided into work segments referred to as tasks, the first five of which
were concerned with the OF_/B_H, module.
Task I Perform sufficient conceptual design analysis to establish
four possible thermal control schemes for the OF-/B-H/
module.
Task II Perform preliminary design and analytical studies of each
of the concepts (from Task I) in sufficient depth to estab-
lish the two most promising thermal control concept
candidates.
Task III Perform sufficient detailed design and analytical studies
to select the most promising thermal control concept for
an OF_/B,H, module.
6 О
Task IV Analyze in detail the selected OF-/B-H, module thermal
control concept. Propellant system temperatures and
pressures, interface restraints, and malfunction effects
were to be considered.
Task V Prepare experimental drawings of the selected OF-/B-H,
thermal control concept and devise a test plan for an
experimental model of the module to verify the design.
Task VI Perform sufficient conceptual design analysis to establish
at least three thermal control schemes applicable to the
F _ / N _ H . propellant module.
Task VII Perform sufficient design and analytical studies of the
concepts (from Task VI) to select the most promising
thermal control design concept.
1-1
Within each task, the work was broken into four areas (Figure 1-1). Each area
was independent of the other three in requirements and objectives. The conclusions
from each area were combined and a composite system evaluation made to establish
advantages and disadvantages of each aspect of the study. The final thermal control
design concepts were chosen by a reiteration of this process as the several tasks were
performed.
Task reports previously released summarized study activities of each task in
the order of their occurrence. This final report, however, departs from this chron-
ological format. Instead, the module mission and design is first described and then
separate areas of study are reported.
This volume discusses the OF.-/B-H, module only. Section 2 describes the
various phases of the Jupiter mission and restraints imposed by the mission. Section 3
lists the study design criteria for the OF?/B?H, module.
Section 4 describes in detail the final module design. This section also
presents the rationale behind the design and the analyses to establish the design. Con-
siderable effort was expended in this area because it is necessary to consider module
temperatures, structure, equipment layout, and operation in order to design a realistic
thermal control system.
Section 5 discusses the thermal analyses in detail, l isting all areas of inves-
tigation covered during all tasks.
Section 6 discusses the propulsion system operation. Since the worth of a thermal
control system is established by how well it supports the propulsion system, the work
described in this section was directed towards determining just how well the propulsion
system operates within the thermal environment supplied.
Section 7 summarizes all work relative to the OF_/B_H/ propulsion module and
recommends areas for further investigations.
Included m this volume are two appendixes. Appendix A presents in detail an
engineering test program which could be run to establish the validity of the module
design. Appendix В lists the design calculations made in support of the work discussed
in Section 4.
1-2
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2. MODU LE MISSION
The module mission consists of four phases: groundhold, launch and parking
orbit, Jupiter transfer, and Jupiter orbit. During these phases, the propulsion module
must be maintained within design temperature limits.
2.1 GROUNDHOLD
Groundhold, the period from initiation of passivation to lift-off, may laet up to
one month. During this phase, stage conditioning (holding propellant temperatures
within allowable limits) must be maintained at all times. Proper propellant condition-
ing eliminates the need to vent or top the propellant systems. Additionally, frost
accumulation on any flight hardware must be prevented. Module components not in con-
tact with cold fluids, however, do not require conditioning during groundhold.
For the purposes of this study, it was assumed that the p rope Hants are tanked
prior to mating the module with the boost vehicle on stand. It was also assumed that,
after tanking, the shroud may or may not be in place. The module will be mated to a
high-energy Titan-Centaur kick stage, (fueled with liquid hydrogen any time after 12
hours before launch). It -was assumed that a diaphragm positioned between the kick
stage and the propulsion module will prevent convective heat transfer.
2.2 LAUNCH AND PARKING ORBIT
The vehicle will be launched into a 100-nautical-mile parking orbit by the Centaur
stage. Maximum coast time in parking orbit will be one hour. For this study it was
assumed that there are no restrictions as to the time of launch, that the protective
shroud is to be jettisoned at an altitude of approximately 225, 000 feet, and the sun
exposure of the propulsion module during the launch and parking orbit is random.
2.3 JUPITER TRANSFER
During the transfer phase, the period (756 days) between ejection from the earth
parking orbit to injection into the Jupiter orbit, three mid-course correction firings,
with an aggregate firing time of about 40 seconds, are permitted. For this study, how-
ever, one firing on the seventh day for a 100 m/sec (meters per second) trajectory
correction was assumed.
The amount of solar heating of the module during transfer is determined by space-
craft geometry construction, orientation and distance from the sun. Figure 2. 3-1 is
a graph of expected solar flux as a function of mission time; Figure 2. 3-2 shows off-
pointing angle (orientation) of the module during the mission. ("Off-pointing" refers to
the angle between the module's Z-axis and the solar vector, 0 being the normal case
of the module totally shaded by the spacecraft. )
A single Jupiter orbit insertion diring for a 1460 m/sec trajectory change was
also assumed in this study.
2-1
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2.4 JUPITER ORBIT
A final firing to correct the Jupiter orbit inclination angle will occur at an
unspecified date 23 days after Jupiter encounter (773 days after launch). Engine oper-
ation time must be sufficient for a trajectory correction of 2320 m/sec. The initial
Jupiter orbit (a period of approximately 45.4 days) will be 4 x 98. 8 R inclined to
Jupiter's equator at an angle of less than one degree.
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3. DESIGN CRITERIA FOR THE OF_/B0H, PROPELLANT MODULE2 e. о
The contractually-established design criteria for this study (Table 3-1) served
only as guidelines. Table 3-2 lists the equipment temperature limits (established
during the first part of this study) that were used in the thermal analysis.
Contractually-established criteria were not used if non-adherence resulted in
any appreciable advantages. The helium temperature limit is determined by the allow-
able tank size and pressure in relation to the quantity of helium on board. During
tanking, the temperature of the helium must be kept at or below 280 R; otherwise
severe over-pressure may result. There are, however, distinct advantages if the
temperature of the helium remains higher than propellant temperatures. The higher
temperature allows more efficient use of the pressurant and, since the warmer helium
is cooled by the propellant upon entering the tank, reduces the possibility of over-
pressurization. The helium could exceed 280°R after the first firing, provided max-
imum helium tank pressure is not exceeded.
As indicated in Section 2, only propellant and pressurant temperatures must be
held within specified limits during groundhold. These limits are 250 ... R for pro-
pellants and, nominally, 280 . -_ °R for helium. It is not necessary to maintain any
of the component temperatures at any given value solely for the sake of the component.
Component temperatures must be held near 250°R only if they affect the fluid temper-
atures within the tanks. Propellant temperatures must also remain within the specified
limits during flights. However, as will be shown, it is also necessary that the two
propellants be approximately the same temperature and that various components stay
within specified limits during engine operation. These additional requirements only
exist during and just prior to engine firing.
In addition to the design criteria described above, a schematic of the proposed
propulsion subsystem was supplied by the contractor (Figure 3-1). Several changes
were made in this schematic during the study; Figure 4. 1-1 shows the resulting layout.
To limit the scope of the study, the availability of an engine operable according
to the specifications in Table 3-1 was assumed.
Other criteria were established early in the program for evaluating the various
module configurations and thermal control concepts, (Reference 1). Acceptable
configurations had to satisfy three requirements:
1) All propulsion system components having specified temperature
limits must be maintained within those limits during the standard
mission.
2) No frost or water (as discerned by weight measurements) can
be collected on any flight hardware at time of launch.
3) The proposed design must show a weight savings when compared
to an earth storable propellant system.
3-1
In addition, each proposed design was evaluated according to the criteria listed
below. The first few items were considered to be the most important.
1) Weight savings
2) Reliability
3) Effectiveness (ability to maintain all temperature
sensitive components at their nominal operating
temperature, +_ 10 F).
4) Adaptability (ability to accommodate wide variations
in mission parameters and interfacing component
tempe r atur e s)
5) Ability to be effectively tested in standard test facilities.
6) Minimum cost.
3-2
Table 3-1. System Design Guidelines for the
OF_/B_H, Propulsion Module
Total injected mass
Spacecraft mass
Velocity Requirements:
Trajectory corrections
Orbit insertion
Orbital inclination
Mixture ratio (oxidizer/fuel)
Chamber pressure
I
sp
Thrust
Propellant temperature limit:
Fuel
Oxidizer
Pressurant
Pressurant initial pressure
Propellant and helium tanks
Propellant tank volume
Propellant tank pressure
Oxidizer mass
Fuel mass
Pressurant mass
RTG surface temperature
RTG dimensions
Electronics compartment temperature
Payload temperature
Groundhold ambient temperature
Groundhold relative humidity
4400Ib
m
1200 Ib
m
100 m/sec
1460 m/sec
2320 m/sec
3.0
100 psia
400 sec
1000 lb_
"0
Helium
4000 psi at 280°R
Boron composite with
0. 010 aluminum liner
1. 1 x propellant volume
300 psia at 280°R
2025 +25 residual Ib
675 +27 residual lb
m
31.7 lb
500 + 100 F
15 in. in diameter, 54 in. in length
65°+25°F
150°F to -150°F
80°F
100%
3-3
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3-4
N.O. SQUIB VALVE
N.C. SQUIB VALVE
ORIFICE
FILTER
SOLENOID VALVE
RUPTURE DISC
RELIEF VALVE
FILL VALVE WITH CAP
REGULATOR
3-WAY SOLENOID VALVE
PNEUMATICALLY
ACTUATED VALVE
Figure 3-1. Space Storable Propellant Module (Initial Schematic)
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4. DESCRIPTION OF THE SELECTED PROPELLANT MODULE DESIGN
As mentioned in the introduction, this stud/ considers thermal control problems
for a Jupiter spacecraft propulsion module and establishes a thermal control system
for such a module. This section details the most satisfactory thermal control system
concept and a module configuration which best accommodates it. In addition, those
aspects of the design essential to complete definition of the module, but not directly
related to the thermal control system, are discussed (i.e., structural design and pro-
pulsion system design). The analysis and evolution of the thermal control system and
the operational characteristics of the propulsion system in the resultant thermal envi-
ronment are discussed in Sections 5 and 6.
4. 1 DESCRIPTION OF FINAL MODULE CONFIGURATION
The final OF_/B_H, propellant module configuration is shown in drawings
SK 406876 (sheets 1 and 2), X 122968 (sheets 1 and 2), SK 407640, Figures 4. 1-1
(modified schematic) through 4. 1-3.
The module is an inert-gas-pressurized bipropellant system which depends upon
constancy of tank pressure, as established by a gas pressure regulator and calibrated
flow resistances, to achieve the desired flow rates. Initiation and termination of all
operations are by electric signals to pyrotechnic or solenoid valves which provide on-
off control of the gas flow. Helium gas, stored at high pressure, is used to pressur-
ize the propellants, operate the propellant valves and purge the fuel injector at shut-
down.
The propulsion system is comprised of three tanks (two contain propellants, the
third helium), an engine, and plumbing. The propellant tanks, constructed of boron
filament and lined with 0. 01 0-in. aluminum, are 36 in. in diameter and have hemi-
spherical ends with an eccentricity of 0.784. Supporting attachments provide axial
restraint at the bottom and shear restraint at both top and bottom. To avoid transmit-
ting moments into the tanks, universal joints are used at both ends.
Each propellant tank is fitted with a surface tension-type propellant acquisition
device (exact details to be established by JPL) and a groundhold heat exchanger. The
heat exchanger is an aluminum tube, eight feet long and 1/2-in. in diameter, formed
into a coil approximately five inches in diameter. For propellant cooling purposes,
LN-, will pass through the coil during groundhold.
The helium tank, also constructed of boron filament, is .suspended at the top by
an aluminum cross beam and is laterally stabilized at the bottom by boron filament
tubes that extend from the tank to the engine support frame. The helium tank has a
cooling coil similar to those installed in the propellant tanks.
Except for weight penalty, no technical reason prohibits replacement of the boron
filament tanks with metal tanks. The thermal characteristics of the module would be
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essentially the same since the thermal conductivity of the tank walls is very large com-
pared to insulation conductivity.
The engine, as indicated in the drawings, is suspended below the helium tank by a
small triangular frame which is, in turn, suspended from the main frame by boron fila-
ment tubular members. For purposes of analysis, it was assumed that the engine is
held in place by a classic gimbal, comprised of an outer ring fixed with respect to the
spacecraft, a floating inside ring, and appropriate crossed axes which are perpendicular
to each other and the engine centerline. The gimbal assembly is held by a thrust assem-
bly as shown in Figure 4. 1-2.
ACTUATOR ARM
ENGINE
MOUNTING
BRACKET
с
^
^
' о о о о
THERMAL
ANALYSIS
NODE
(TYP) ,
122
О О О О
Л—
/- THRUST RING SUPPORT
/
л V г
г-, • 123 г-,
i, ^ , — ,
1 ^
I о о о о
122 |
1 о о о о
tr1
i 119
L CHANNEL
(TITANIC
5—1
TTX^Ov
•^ THERM
I
+z
ISOLATORS
Figure 4. 1-2. Engine Thrust Support Design
At the direction of JPL, a film-cooled columbium engine having a 40:1 expansion
ratio, has been assumed. Other assumed engine parameters are given in Table 3-1.
Components are clustered to facilitate access, and the fuel and oxidizer connec-
tions are separated for safety reasons. All gas circuitry is 1/4-in. except for the
vent and relief lines which are 1/2-in. All propellant circuitry is 3/4-in. except
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for the fill lines which are 1/2-in. All tubing is assumed to be 300 series stainless
steel or Inconel with welded or brazed connections, except where bolted or flanged
joints are necessary for assembly and/or test purposes. These bolted joints will prob-
ably be necessary at the regulator panel and at the inlets to the propellant valve.
Where flexibility in the lines is necessary, short bellows or corrugated Inconel
hoses are used. All propellant lines have been routed to facilitate passivation and
drainage. In. addition, the following design provisions necessary for an efficient, reli-
able system appear on the drawing.
• A separate helium filter upstream of the regulator is used.
• The propellant valve solenoid pilot valve is made a part of
the gimballing portion of the engine to improve response.
• The feedline isolation and relief return- valving is positioned
as close to the tank as possible to minimize the length of
liquid-filled line.
• Injector purge solenoid and check valves are included.
• Gas supply lines to the pilot and purge valves are looped for
flexibility.
There are three main control panels, one pressurization control panel for each
propellant tank and one helium control panel. The helium control panel contains the
helium squib valves, regulator, filter, and fill valve. All fluid line disconnect fittings
have been mounted directly on one of these three panels. This places them approxi-
mately 30 in. inside the shroud line. If shroud design or groundhold procedures require
fittings nearer the shroud, special mounting brackets will be necessary.
Some equipment in the present layouts are schematic representations. Certain
valves are represented by blocks since their components have not yet been selected by
JPL. Tank connections and locations of the fill, relief, isolation and return relief
valves, the filters, and the connecting tubing runs are approximations. Detailed con-
sideration will show these specific requirements are best met in the final design.
A space truss structure supports the propulsion hardware and also the spacecraft.
The entire module and spacecraft are supported, when attached to the boost vehicle, by
16 boron-filament tubular struts with aluminum fittings. These struts remain with the
boost vehicle upon separation. The separation fittings (pyrotechnic devices) are located
on the main platform.
Both propellant tanks, the helium tank, and all propellant-filled lines are insulated
with a 3/4-in. layer of closed-cell polyurethane foam. This foam covers all metallic
hardware (frame, gas circuitry, etc. ) in contact with the tanks to a distance of one foot
from the point of contact. Non-metallic members are similarly insulated for a distance
As specified by North American Rockwell Specification MBO 130-077, "Specification
for Two-Pound Density Polyurethane Spray Foam. "
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of four inches. In addition, the aluminum beam which supports the helium tank is
entirely insulated with foam.
Aluminized Mylar blanket insulation is also used in several places. A ten-layer
blanket, attached to the lower surface of the electronics package (spacecraft) which
extends down onto the spacecraft support struts, is required. Three other blankets of
insulation are shown in drawing 406876: one around each of the pressurization control
panels and one around the helium control panel. The purpose of these blankets is
to maintain the temperature of the enclosed equipment near propellant temperatures
during flight and also at or near ambient temperature during the groundhold phase.
These blankets have flaps to allow easy access to the enclosed equipment.
In order to maintain most of the fluid circuitry lines at prescribed temperatures,
these tubes are routed along the surface of adjacent propellant or pressurant tank insu-
lation and then overlayed with 20 layers of aluminized Mylar. Where no adjacent tank
exists, the tube is entirely insulated with aluminized Mylar. Figure 4. 1-3 is a sketch
of this arrangement for one of the propellant lines. In flight, the conductivity of the
foam is much higher than the conductivity of the aluminized Mylar, so the tube adopts
the temperature of the tank in the region where the tube is adjacent to the tank.
In all cases, aluminized Mylar is installed with the Mylar side out. In addition,
a ten-layer blanket of aluminized Kapton attached to the lower meteoroid shield on the
helium tank side is necessary. Kapton replaces Mylar since, during engine operation,
the allowable temperature for Mylar is exceeded.
FOAM INSULATION
ALUMINIZED
MYLAR INSULATION
PROPELLANT LINE
Figure 4. 1-3. Schematic of Propellant Line Insulation
4-10
Two openings are left in the foam insulation on each propellant tank to accommo-
date radiator surfaces consisting of second-surf ace silvered mirrors bonded to a section
of the tank wall. To prevent frost formation on radiator surfaces during groundhold, sec-
tions of foam insulation are placed over the radiators. These sections are then pulled
off during the shroud jettisoning process, permitting the radiators to function properly.
For purposes of this analysis, it has been assumed that the spacecraft, or else a
platform mounted between the module and the spacecraft, will partially shield the module
from solar heating. This shield should be 10 ft in diameter (shroud diameter is 11 ft),
but this shield size is not mandatory if certain constraints are placed on vehicle orienta-
tion.
The total weight of the module and spacecraft was set at 4400 Ib. Of this, 1200Ib
are reserved for the spacecraft. Table 4. 1 -1. shows a weight breakdown of the module
(see Appendix В for the supporting structural analysis). It should be noted that the
propellant weights listed are the maximum allowable consistent with the 4400 Ib.
weight limitation. However, this is not a sufficient amount of propellants to perform
the mission as specified. For the propulsion system parameters specified, either
the spacecraft weight must be reduced by about 144 Ib and the propellant weights increased
by 144 Ib, or a slight decrease in performance during Jupiter orbit inclination firing
must be accepted.
Handling Requirements
Prior to installation of the propulsion module on the spacecraft, auxiliary ground
equipment (AGE) will provide structural continuity for the upper truss structure that is
furnished by the spacecraft after installation. The AGE will be a split frame, external
to the upper attachment fittings and attached to each fitting. The frame will be installed
at the time of assembly and removed after the module is installed.
The module can be hoisted by using a fixture that attaches to each of the four outer
spacecraft attachment fittings and fastening the sling to this fixture. The frame des-
cribed above must be installed during hoisting.
Module Assembly
The configuration of the structure permits considerable flexibility in the methods
that can be used to install the tanks and insulation. Adequate accessibility exists in the
assembled structure to permit this installation and more can be obtained by removing
pin-ended truss members, if desirable. The following list itemizes the sequence of
events for one method.
Propellant Tanks
1) Install fluid tanks' insulation.
2) With the module truss system assembled and attached to
the assembly jig (jig simulates spacecraft attachment
area), install both tanks. Access on the + and -Y sides
will be used.
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Table 4-1. Summary of Estimated Subsystem Weight
Pounds (Ib)
Tankage
1 - helium tank at 90 lb
2 — propellant tanks at 59. 6 lb each
2 — propellant aurface tension screens at 2 lb each
Liquid Circuits
2 — passivation valves at 1 lb each
2 - fill valves at 1 lb each
2 — isolation valves at 2 lb each
2 - filters at 1 lb each
2 — relief modules at 1.2 lb each
2 - check valves at 1 lb each
Gas Circuits
1 - fill valve at 1 lb
4 pr — explosive valves at 3 lb each
1 - filter at 1 lb
1 — regulator at 1 lb
2 - check valves at 0. 5 lb each
2 — relief modules (disc plus valve) at 1 lb each
2 — pre-pressurization and vent valves at 1 lb each
2 — solenoid valves at 2 lb each
Thrust Chamber Assembly
1 — thrust chamber w/gimbal mount at 45. 5 lb
2 - gimbal actuators at 2.25 lb each
1 — propellant valve w/pilot solenoid valve at 7 lb
1 — purge check valve at 0. 5 lb
2 — mixture ratio trim orifices and flanges at 0. 5 lb
each
Fluids
Oxidizer (ОГг)
Fuel (B2H6)
Helium (He)
Structure - Above Separation Plane
Upper truss members
Tank upper support members
Spacecraft attachment fittings
Platform members
Platform fittings
Engine support truss members
Engine support platform
Tank end fittings
Valve assembly brackets
Meteoroid shield
Structure - Below Separation Plane
Truss members
Fittings (separation)
Stabilizing frame
Miscellaneous
Lanes and fittings
Instrumentation
Command and squib harness
Contingency
Thermal Control
Foam — 2 propellant tanks
Foam — pressurant tank
Cooling coils
Radiators
Mylar
Listed weights assume Boron filament struts.
Fiberglass struts could be used but with
increase in weight resulting.
Subtotal
Subtotal
Subtotal
Subtotal
Subtotal
Subtotal
Subtotal
Subtotal
Subtotal
Total
90.0
119.2
4.0
213.2
2.0
2.0
4.0
2.0
2.4
2.0
14.4
1.0
12.0
1.0
2.0
1.0
2.0
2.0
4.0
25.0
45.5
4.5
7.0
0.5
1.0
58.5
1999.3
666.0
31.7
2697. 1
20.67
1.44
4.25
8.37
5.25
1.68
2.87
2.70
6.80
18.23
72.26
44. 22
2. 50
1.00
72.26
20.00
4. 00
8. 00
26.00
48.00
16.20
2.66
1.00
2.0
z'.o
23.86
3200.0
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3) Secure tanks at attachment points.
4) Seal insulation joints.
Pressurant Tank
1) Install insulation on tank.
2) The module truss system is attached to the assembly jig.
Structure below separation plane is not installed.
3) Install tank from the +Y side through the open side of
the engine support truss.
4) Secure tank at attachment points.
4. 2 STRUCTURAL DESIGN
Structural arrangements, sizes, and materials for the module were chosen to:
1) Minimize module weight.
2) Provide interfaces with the spacecraft compatible with
available attachment area.
3) Minimize induced loads imparted to the spacecraft consistent
with minimum module weight.
4) Meet thermal control requirements.
5) Maintain compatibility with propulsion system component
arrangement.
6) Provide space for the stowed RTG and experiments
supported by the spacecraft.
7) Provide the ability to carry launch and boost loads from
Titan IIIC-Centaur.
The structural design described in Section 4. i meets these requirements. The
rationale for this design follows.
Since filled propellant tanks are the heaviest components in the system, emphasis
was placed upon furnishing an efficient structural arrangement for their support. The
attachments chosen for each tank should provide both axial and shear restraint at one
end, shear restraint only at the other end. With this technique, the effects of tank
expansion, relative thermal growth, and structural deflections will not induce forces in
the tank because one end is not fixed.
Furthermore, universal joints should be used at each end attachment to provide
pinned joints that will not transmit moments into the tank. This system prohibits each
tank from carrying any loads that are not self-induced and, by locating the pinned end
attachments as close to the tank contour as possible, local moments resulting from
lateral forces are minimized.
To support the tank, a structure must be provided that will furnish a lateral load
path at each end and an axial load capability at one end only. Using a truss system for
the main structure, a platform (panel) is required at each end to properly distribute
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the lateral tank forces into panel points of the truss. However, the capability for an
axial force load path can be provided at either end of the tank (Figure 4. 2-1). Both
locations were carefully investigated before the lower end of the tank was selected as
the preferable position for axial load reaction. The considerations that led to this
choice are enumerated below.
1) With an upper attachment, panel points of the truss could
not be located at, or in line with, the attachment due to
space limitations. A stiff, heavy beam would be required
to transmit the axial force to available truss members.
Although the beam could be either integral with the space-
craft structure or separate and located below the interface,
both possibilities are undesirable due to the weight penalty.
A second problem with the integrated beam is that thermal
insulation would be needed to prevent heat loss from the
tank.
2) With an upper attachment, axial forces are introduced at
the upper ends of the truss and the truss members must be
designed to carry these loads to the booster interface. If
a lower attachment is used, the members between that
attachment and the booster must carry the axial forces,
but those between the upper and lower platforms are not
affected. Therefore, the upper truss loads and weight
are smaller if the lower attachment is used.
3) Use of an axial tank support at the lower end enables location
of a truss apex point directly below this point; the axial loads
can then be transmitted directly to the booster with no bending
members.
To accommodate both lateral and axial loads, the lower platform is a structure
consisting of beams and truss elements that distribute loads between the upper and lower
truss members.
An upper platform (needed for lateral loads) could be provided using the same type
of structure that serves to balance and distribute axial and shear loads. However, an
overall lighter stage weight will result if this function is served by the existing lower
panel of the spacecraft electronics package to which the propulsion module is attached.
Since the panel is inherently capable of carrying shear loads, it will require a small
additional stiffener weight to serve this purpose. The panel must have some moment-
carrying capability at three attachment points where lateral tank loads are imposed.
The tank struts imposing these forces have a small eccentricity from the panel plane
and, as a consequence, will introduce small moments. Without knowledge of the elec-
tronics package, it is difficult to assess the added structure to provide such capability,
but the weight required should be small.
Positioning the helium tank presents another problem. For miminum stage length,
the helium tank should be located at the sides of the other tanks. This location was dis-
carded, however, because this space is needed for stowing the RTG and experiments.
Also, structural support provisions are difficult since they would not connect conveniently
with the other structure.
4-14
.SPACECRAFTj
EXTENSION TO PROVIDE
TRUSS ATTACHMENT
BEAMS TO CARRY TANK
AXIAL LOADS TO TRUSS
TRUSS MEMBERS CARRY
TANK AXIAL LOADS
(3000 LB) AND
SPACECRAFT LOAD
(1200LB)
WEIGHT INCREASE ABOVE CASE В
APPROXIMATELY 18 LB
CASE A. UPPER PLATFORM TAKES BOTH AXIAL AND LATERAL LOADS,
LOWER PLATFORM TAKES LATERAL LOAD ONLY.
CASE B. LOWER PLATFORM TAKES BOTH AXIAL AND LATERAL LOADS,
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Figure 4. 2-1. Alternate Structural Platform Arrangments
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Another alternative is to place the tank between and either above or below the pro-
pellant tanks (Figure 4.2-2). If located above, additional structure is needed to furnish
axial and lateral support at the upper end and lateral support at the lower end. The
former could be accomplished, as in the case of the propellant tank, by using a beam
either integral with the spacecraft or as a separate member and the latter by adding
more truss members. However, this tank location would cause the central truss be-
tween the propellant tanks to be relocated outside the tanks. The resulting change in
structural arrangement creates a heavier, less compact configuration. By placing the
tank below the propellant tanks, structure already in existence is exploited. Customer
requirements dictate clearance space between the propellant tanks and the platform
placing the tank attachment points above the platform, consequently a beam is required
across the lower platform to transmit lateral loads from the tanks down to the truss
panel points. This beam can then be used as a means of providing an axial and lateral
load path for the helium tank with little added weight. A platform is truss-suspended
from the main platform to provide lateral tank support and also serve as the support
structure for the engine.
The above comments are not applicable if spacecraft weight is the major weight
component. Drawings SK 406294 through SK 406297 present other structural configura-
tions that were considered, Reference 1, but which proved undesirable primarily because
of a module weight nearly three times heavier than the spacecraft.
Another major problem in determining the module configuration was establishing
the proper number of tanks. A single tank for each propellant is structurally undesir-
able for two reasons:
1) The center of gravity (e.g. ) does not coincide with the
centerline of the module, and
2) Overall module length is appreciably longer than it
would be with a two-tank configuration.
The first of these problems is not severe as can be seen from SK 406876. The offset is
approximately seven inches and this can be readily compensated for by a slight gimbal
of the engine. The present arrangement with two offset tanks yields a small c. g. displace-
ment as the propellants are consumed. This is because all fixed masses can be arranged
so their combined e.g. lies on the desired e.g. axis, and so that the liquid propellant
e.g. is also on the axis. Then, as the propellants are consumed, the propellant e.g.
moves rearward along the axis. Thus, the resultant of the propellant e.g. plus the
fixed mass e.g. are still on the axis regardless of propellant level. (Of course, the
propellants may displace the ullage to one side or the other between firings so that a
lateral c. g. shift can occur whenever an axial acceleration field is absent. This prob-
lem is outside the scope of this study, but is must be considered when designing the
altitude control system. )
The second item is very important when considering the integrated launch vehicle.
Increased vehicle length results in increased weight due to larger structural members
4-16
riLECTRONICSl| PACKAGE |
AW = 22 LB
6 LB FRAME
15 LB TRUSS
3 LB FITTINGS
-2 LB SUPPORT TRUSS
CONFIGURATION A. HELIUM TANK LOCATED ABOVE PROPELLANT TANKS.
r~ELECTRONICS~~l
I PACKAGE I
OF, B2Hg
CONFIGURATION B. HELIUM TANK LOCATED BELOW PROPELLANT TANKS.
Figure 4. 2-2. Helium Tank Arrangements
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and shroud weight. The amount of weight increase is difficult to estimate at this time,
but based on past vehicles, the weight increase due to the shroud alone would be about
60 Ib/ft. Preliminary estimates indicate that the single-tank/single-pressurant-tank
configuration would be approximately one to two feet longer than the two-tank configu-
ration, SK 406295, and the increased weight could exceed 100 Ib at lift-off.
However, as will be indicated in the next section, there are overriding propulsion
and thermal control considerations which dictate the use of a single-tank configuration.
The number of helium tanks is determined by packaging considerations. The
lightest pressurant system requires only one tank and one set of plumbing.
Although shielding is not part of the thermal control system, it was studied in this
program to discover its influence upon the thermal control system. It was assumed that
a shield similar to that developed by JPL under NASA Contract No. NAS 7-100 for the
Mariner Mars 1971 vehicle (Teflon-impregnated glass fabric backed up by multilayer
Mylar) would protect the tanks from micrometeoroids from the +Z direction. Whether
side shielding is necessary is not known. However, the shield construction assumed
for this study weighs 18 Ib. If the structure were optimized, a shield, not exceeding
18 Ib and protecting considerable more area than indicated in the drawings, could
be designed.
4. 3 PROPULSION SYSTEM DESIGN
The basic objective of the propulsion system design is to ensure proper engine
operation without imposing undue strain on either the structural or thermal control
system design. Two concerns were:
1) Number of propellant tanks
2) General layout of plumbing and equipment.
One tank for each propellant is highly desirable for the following reasons:
1) With more than one tank for each propellant, an uneven
propellant use from two or more tanks during engine
operation is possible.
2) During cruise, the possibility of pressurant ingestion
arises when propellant, stored in two separate but inter-
connected tanks, migrates from one tank to the other or
is withdrawn in unequal amounts so that non-simultaneous
run-out can result, followed by ingestion of gas.
Migration in the four-tank design can be minimized by
isolation valves in each leg of the circuit; but this adds
two valves to the system whose failure would constitute
a serious malfunction.
In addition to gas ingestion, migration or unequal with-
drawal of propellant can cause a c. g. shift of disturbing
magnitude. (This will be discussed in detail later. )
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3) With more than one tank for each propellant, the tanks
for a given propellant may have different temperatures.
4) More than one tank for each propellant increases the
number of lines needed with increased possibility of
leakage.
5} Passivation, filling, and initial chilling is complicated
by the use of more than one tank per propellant.
The choice of one tank configuration over another is a choice between weight and
reliability. The double tank arrangement is considerably lighter, about 100-150 Ib
at lift-off, but the single-tank configuration would result in a more reliable propulsion
system. If the propulsion system were to use common propellants, it would be very
difficult to justify the single-tank configuration with its weight penalty in order to in-
crease the reliability of the propulsion system. In addition, it is possible that the
weight saved by using the two-tank configuration could be better used to increase the
reliability of another subsystem, e.g., the payload, RTG, etc. But since the propel-
lants OF_/B?H, are new and difficult to handle, it seems prudent to adopt the single -
tank configuration. This judgment should be reviewed after additional experience with
these propellants.
• In determining the plumbing equipment layout, components were clustered when
possible for easy access through the thermal barrier and to keep fuel and oxidizer con-
nections safely separated. Otherwise, locations were strongly influenced by the tube
routings.
Tubing runs were made as short as is consistent with the requirements for:
1) Freedom to expand and contract as temperature change.
2) Adequate resistance to vibration amplification.
3) Flow symmetry to keep pressure losses equal in
oxidizer and fuel circuits.
4) Sufficient slopes to cause drainage.
5) Freedom from dead-end volumes that cannot be cleaned
and passivated.
6) A minimum number of connections (potential leak paths).
Of the various means for providing a flexible conduit between tankage and thruster,
only coiled tube, swivel joints, bellows, and hoses have been commonly used. In this
instance, coiled tubing is too long (excess line volume), undrainable, and too stiff
(resulting in high actuator and end-connection loads). Swivel joints introduce an
intolerable potential for leakage.
Elimination of tubing and swivel joints leaves only short metal bellows and corru-
gated metal hose. Short bellows provide very limited displacement capabilities and
potentially are very susceptible to fatigue failures unless used where their geometrical
constraints are not violated. Primarily, these constraints are limits on the amount of
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bending and offset permitted. The location which minimizes offset is on the axis of
rotation; hence, to achieve gimballing, each line must be fitted with two bellows at
right angles to each other. This arrangement can be compact and almost completely
drainable if these axes lie above the thrust chamber propellant valves. However, this
geometry lengthens the engine assembly and substantially increases the gimballing loads
on the actuator and mount. It is common practice to gimbal the engine with axes passing
through the chamber which means that the lines are much more voluminous and undrain-
able without extra drain fittings.
The current layout shows long hoses compatible with thermal control requirements
that connect the engine to the tankage. The hoses are long enough to reduce bending and
offset displacements per unit length to negligible levels, and they are sloped to drain to
the propellant valve inlet ports. Tentatively, these are corrugated stainless steel ofthe
300 series or Inconel, covered with a single layer of wire braid and fitted with weld
nipples at each end. To calculate masses, a typical commercial hose was selected
(Anaconda type MWL21-1). One obvious drawback of this hose is the difficulty of clean-
ing, passivating, and draining the corrugations. Circulation of the cleaning and passiv-
ating fluids down to the propellant valves will require a connection at the propellant
valve inlet; this can be the same type of connection that is used to load propellants.
A major change in the propulsion system design was the addition of a return relief
line leading from the feedline, just downstream of the filter, back to the tank. This
relief line is to prevent pressure build-up in the feedline due to propellant boiling after
engine shutdown. However, the return relief valve needs to be close-coupled to the
feedline immediately downstream of the filter. There are three justifications for this
design detail:
1) It minimizes the volume in the closed branch line where
vapor bubbles can be trapped.
2) It maximizes the probability of pumping liquid, as opposed
to vapor, back into the tank when heat soaking into the line
from the engine causes expansion and vaporization since
vapor formation begins nearest the engine.
3) The placement of a burst disc in the relief-return line
between the relief valve and the feedline, as previously
suggested, will make passivation nearly impossible unless
two additional passivation ports each with its own manual
valve are added. The presently proposed arrangement
permits the return-relief valve to be manually opened
so passivating gas flows through the return-relief line.
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5. GROUNDHOLD AND FLIGHT THERMAL
CONTROL ANALYSIS (OF_/B_ HJ
c. e, о
Two categories of thermal control were analyzed in this study: groundhold
thermal control, which will be discussed first, and flight thermal control. A discus-
sion of the interrelationship of the two categories concludes this section.
5. 1 GROUNDHOLD THERMAL CONTROL ANALYSIS
The groundhold thermal control system requires maintenance of the propellants
in a vent-free mode and prevention of frost build-up on the system prior to launch.
These groundhold thermal control requirements influence the design of three separate
components: insulation (type, location), frost removal components, and cooling com-
ponents (type, location). Regardless of the module configuration, location and number
of tanks, the basic groundhold thermal problems remain unchanged.
Figure 5. 1-1 shows four conceptual groundhold thermal control systems and the
interrelationship of their components. In System 1, porous foam insulation encloses
all tanks with cold nitrogen (gas or liquid) as coolant- Theoretically, nitrogen coolant
serves three purposes: it cools the tanks, reduces heat transfer to the tanks (by
transpiration flow through the foam), and prevents frost formation by blowing moisture-
laden air away fr.om the cold foam surface.
System 2 indicates how coils might be used to effect the cooling. System 3 uses
a cooling coil with non-porous foam insulation for each tank. This concept would have
to rely on the insulating qualities of the foam to prevent frost formation; otherwise,
auxiliary means, e.g., surface heating, would be needed. System 4 is a combination
of the cooling concept of System 1 and the insulation concept of either System 1 or
System 3.
Not pictured is a fifth system of uninsulated tanks enveloped in air-tight bags
through which cold gas circulates; the bags are removed during launch. It is, however,
almost impossible to prevent frost formation on uninsulated tanks. And since pre-
launch frost removal might engender new problems, this system was rejected.
Table 5. 1-1 summarizes the five thermal control concepts for groundhold.
Additionally a combination of insulation for reducing heat transfer to the tank and
a controlled outer layer of gas for preventing frost formation was brief ly considered.
(Figure 5. 1-2). Cooling nitrogen is circulated between the tank and insulation. This
nitrogen passes through the porous insulation and is collected in an inner envelope.
Since such a system is susceptible to malfunction, this approach was abandoned. Only
foam (porous and non-porous) and multilayer Mylar remain as candidate insulations.
5.1.1 Analyzing Insulation Performance
To determine insulation systems performance, a preliminary steady-state
analysis of non-transpiring insulation was performed with the aid of an eight-node
thermal model on an on-line computer. The major components of the spacecraft and
5-1
its propulsion system were represented as nodes with conductive, convective, and
radiative processes represented as thermal resistances. A nominal tank insulation
resistance equivalent to two inches of nitrogen-filled insulation (foam or multilayer
Mylar) was used. This resistance was then varied to represent other tank insulation
thicknesses and/or materials. In this analysis the effects of nitrogen blowing outward
through the insulation were not considered.
TRANSPIRING
N2 FOR FROST
PREVENTION
B2H6 OF2
GN2/LN2
INTERNAL
COIL
POROUS
FOAM
EXTERNAL
COIL
MULTILAYER
INSULATION
SYSTEM 2
NON-POROUS
FOAM
x-
.^
J k
+S
/
*—
j^ s
ч
GN2/LN2 —*-
NON-POROUS
FOAM
^ ~ч
>v^ ^
\
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1
X
1
=^-^ y =^^ iPOROUS FOAM
SYSTEM 3
l__y^bcV
КС j) \THERMALTIE
SYSTEM 4
Figure 5. 1-1. Conceptual Groundhold Thermal Control Systems
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Table 5.1-1. Possible Choices for Groundhold Thermal
Control System Components
Insulation
Insulation Groundhold Coil Cooling
Geometry Cooling Location Frost Removal
Porous foam
Non-porous foam
Canister GN,
LN *
Internal None"
External Transpiring gasIndividual
Tank*
Multilayer aluminized Mylar Refrigeration None (spray) Auxiliary heat
Bag
Combination bag and foam
None
Component chosen for final module configuration.
EXTERNAL
HEAT EXCHANGER
INNER ENVELOPE
OUTER ENVELOPE
TANK WALL
POROUS INSULATION
NITROGEN
EXHAUST
PROPELLANT INLET NITROGEN INLET
Figure 5. 1-2. Individually Insulated Tank with Double Bag
(Recirculated Nitrogen)
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Convective heat transfer to the exterior of the tank insulation was calculated on
the basis of the correlations of Nusselt Number in terms of the Rayleigh and Reynolds
Numbers for free and forced convection. Again, for this initial study, the expected
reduction of convective transfer due to blowing gases was not considered. An environ-
ment of 540 R was assumed for radiative heat transfer.
The results are summarized below. (See Reference i for details of the computer
analysis. )
1) Individually insulated tanks and canister enclosed tanks have similar
cooling requirements and surface temperatures.
2) Surface temperature depression for thick, gas-filled insulation is
moderate, about 20°R.
3) Cooling requirements increase rapidly with decreasing insulation
thickness and the insulation's outer surface temperature decreases
markedly. For example, the outside surface temperature of gas-
filled insulation 0. 25-in. thick will be approximately 100 R
below the ambient temperature.
4) Propellant tank cooling loads with thick insulation are modest, about
20 Btu/ft2-hr. This means less than 3000 Btu/hr total cooling
capacity- For the liquid nitrogen-cooled system, less than 30 Ib of
nitrogen per hour is required.
5) Cooling load is not greatly affected by changing convection conditions.
6) The heating capacity required to maintain the outer insulation surface
temperature near the ambient temperature is small.
7) Propellant cooling requirements are not greatly increased by heating
the exterior surface when thick insulation is used.
An analysis of transpiring insulation depends on the type of insulation assumed.
Results vary, for example, between porous foam insulation and multilayer insulation
since their interior gas flow patterns are substantially different. With multilayer
insulation, circulating nitrogen flows appreciable distances parallel to insulation. The
gas would not evenly diffuse into the atmosphere from the entire surface as with tran-
spiring foam. Instead, it would vent through the edges of the blankets. These charac-
teristics tend to make purged multilayer insulation react less to the purging process
than foam. Purged multilayer insulation still exhibits sufficient similarity to tran-
spiring foam insulation that an analysis of transpiring foam indicates the limiting char-
acteristics of an idealized multilayer insulation system with evenly distributed purging
gas.
For porous foam (or multilayer) with constant permeability throughout, a reduction
in heat transfer to the propellant tanks is expected for two reasons:
1) Outflowing nitrogen will absorb heat conducted inward by the solid
insulation, preventing its arrival at the tanks.
2) Nitrogen leaving the insulation will reduce the convective heat transfer
to the insulation surface by its effect on the boundary layer.
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The preliminary analysis incorporating these effects used a simplified, three -
node, steady-state network (Figure 5.1-3). The resistors R (W) and R (W) in the
с cv
model were obtained in a somewhat different manner than those in the previous analysis
because they depend on the nitrogen flow rate W.
QH
PROPELLANT
AND TANKS
VA-
Rc (W)
? Re
RCV <W> 5
INSULATION
EXTERIOR
ENVIRONMENT
W = NITROGEN FLOW RATE
Qc = PROPELLANT TANK COOLING
QH = INSULATION EXTERIOR HEATING
О, = HEAT REMOVED FROM INSULATION
BY NITROGEN FLOW
Figure 5. 1-3. Model Network of Transpiring Groundhold Thermal
Control System
The relationship of the temperatures and heat flow through the transpiring
insulation is obtained from the following differential equation:
d2T
dx
We
k
dT
dx = 0 (5-1)
(See "Nomenclature, " p. viii.) The boundary conditions are the (fixed) nominal propel—
lant temperature, (Т.), at the interior of the insulation, (x = 0), and the heat transfer,
(Q(b)), to the outside, (x = b), of the insulation by convection and radiation. The following
equation for temperature results:
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T(x) = Т.i We (5-2)
From this equation, the heat transfer rate at the insulation interior and the temperature
at the insulation exterior are readily obtained.
The reduction of convective heat transfer to the transpiring insulation is approxi-
mated using a relationship given in Reference 2:
h - Re Pr
h RePr .
о e - 1
•where the Reynolds Number is based on the distance between the two surfaces (for which)
an estimate of the boundary layer thickness is substituted) and the velocity of the tran-
spiring gas normal to the insulation surface.
The remainder of the components in the model network were obtained in the usual
fashion. Forced convection with an ambient free stream velocity of i mph was assumed
for all cases and the emissivity of the insulation surface, a constant « = 0. 2, were
assumed. For nitrogen cooling, an initial coolant temperature of 140 R was assumed
with the nitrogen in either the liquid (LN_) or gaseous state (GN2). For cases using
refrigeration cooling of the propellants, the nitrogen flow was used only for frost
prevention (by blowing) purposes and it was assumed that the gaseous nitrogen was at
the propellant temperature initially. In all cases, the system was solved for sufficient
cooling to keep the propellants at 210 R.
Approximately 300 cases were investigated. Pertinent results appear in
Table 5.1-2, and may be summarized as follows:
1) For comparable insulation values the amount of cooling required with
transpiring insulation is less and the surface temperature is lower
than for no transpiration flow.
2) Use of gaseous rather than liquid nitrogen for cooling increases the
quantity of coolant required and also reduces the insulation surface
temperature.
3) Required cooling capacity rises rapidly and insulation surface tem-
perature drops rapidly with decreasing insulation thickness.
4) For thick (2-in. ) insulation and LN? cooling, the amount of heat
required to bring the insulation surface temperature up to that of
the environment is not too large (39. 9 Btu/ft -hr) and the necessary
increase in LN, coolant is small (0. 03 Ib/ft2-hr).
5) Use of gaseous nitrogen cooling causes a significant increase in the
amount of surface heating required to maintain environmental
temperatures.
6) For refrigeration cooling of the propellants and with low nitrogen flow
rates for frost prevention, the cooling and heating requirements are
similar to the requirements when LN-, is used to cool the propellants.
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7) For refrigeration cooling and with high nitrogen flow rates for frost
prevention, the propellant cooling requirements tend to zero while
the heating required to maintain the outside surface temperature
at or near 70°R increases drastically.
To complete the picture of the effect of transpiration on convection, an estimate
of the effect with natural convective flow was obtained. The estimate was based on the
work of Sparrow and Cess, Reference 3, who derive the following relation for relative
heat transfer about a vertical plate:
(5
-
4
>
where q/q is the ratio of heat transfer rate with transpiration to heat
transfer rate without transpiration,
v is the (linear) transpiration velocity and is positive for outward
flow,
x is the distance from the edge of the plate,
v is the kinematic viscosity,
1 /4
and с =0. 707 (Gr) where Gr is Grashof number.
This expression is based on a perturbation analysis and is valid only for relatively
small flow rates. At a flow rate of 1 . 7 Ib /ft -hr where approximate 56% reduction
in convective heat transfer is predicted, error may be as high as 20%.
The ratio of convective heat transfer coefficients with and without transpiration
for a range of transpiration flow rates is given in Figure 5. 1 -4, together with similar
ratios expected for forced convective flow velocities of 1 , 10, and 100 ft/ sec.
Variations in the transpiring flow rate changes markedly the heat transfer rate at
the insulation surface even for high velocity forced convection. This characteristic
presents a possible drawback in using transpiring porous foam or multilayer insulation
for groundhold thermal control. With multilayer insulation, the permeability varies
throughout. Likewise, with foam insulation, non-uniformities in the foam porosity will
probably exist. These variations may directly affect the Local transpiration flow rate
which is inversely proportional to permeability. So the probability of frost formation
varies over the insulation surface.
To evaluate this effect, the variation of insulation outer surface temperature with
transpiring mass flow rate for typical conditions, i. e. , similar to conditions in those
experiments reported later, was calculated. This temperature is given by setting
x = b in Equation (5-2) above.
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NOTE: q0 = HEAT TRANSFER TO SURFACE WITH NO TRANSPIRING
MASS FLOW (INCREASES WITH INCREASE IN AIR VELOCITY)
1.0
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0.0
FORCED CONVECTION
FREE CONVECTION
1
EXTERNAL
AIR VELOCITY
100 FT/SEC
10 FT/SEC
I
0 2 4 6 8 1 0
TRANSPIRING MASS FLOW RATE (LB
m
/FT2-HR)
Figure 5. 1 -4. Relative Reduction of Heat Transfer Due to Transpiration
.i We (5-5)
To solve for surface temperature, the heat transfer rate is expressed as a function
of heat transfer coefficient, h , and the ambient temperature, Т .
oo
Q(b) = (5-6)
Using an overall heat transfer coefficient of 1. 5 Btu/hr-ft2-°R and a foam thickness of
three inches, the results shown in Figure 5. 1-5 were obtained. It is clear that a rela-
tively small permeability means a large surface temperature difference at small tran-
spiring flow rates.
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Figure 5. 1-5. Typical Insulation Surface Temperature
Depression Below Ambient for Transpiring
Foam
The above analysis indicates that either foam (porous or non-porous) or multi-
layer insulation could be used successfully assuming no structural problems exist.
However, the analysis does not answer .several important questions:
1) What thickness of non-porous foam must be used? All calculations
were made assuming a conductivity approximately equal to that of
nitrogen gas (manufacturer's recommendation) and they indicate the
thickness must be approximately two inches to prevent interior frost
formation. Yet, LN? containers having only 3/4-in. styrofoam walls
do not sweat.
2) Will foam withstand the thermal stress which accompanies tempera-
ture gradients9 Reference 4 indicates it may not-
3) If porous foam is used, will the blowing be sufficiently uniform over
the surface to prevent surface frosting?
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4) И multilayer insulation is used, can diffusion of moisture back
into the insulation blanket be prevented'
To answer these questions a small test program was developed.
5. i. 2 Testing Foam (Porous and Non-porous) and Mylar Insulation
The experimental apparatus was a 3 ft x 4 ft reservoir (inside dimensions) con-
structed of three-in. thick polystyrene insulation. One side, or a portion thereof, was
replaced by the particular insulation under test. Provision was made for the admission
of liquid as well as cold or room temperature gaseous nitrogen to the interior of the
reservoir. Nitrogen flow rates were measured as was the pressure differential between
the inside and outside of the box. Extensive thermocouple temperature measurements
were made on the test insulation and on corresponding locations of the reservoir.
Figure 5. 1-6 shows a schematic of the experiment.
PRESSURE GAUGE (-H
TEST
SPECIMEN
EXTERIOR
THERMOCOUPLE
OUTER
THERMOCOUPLE
INNER
THERMOCOUPLE
FLOW METER
INTERIOR
THERMOCOUPLES
SCALES
Figure 5. 1-6. Experimental Set-Up Schematic
The test procedure consisted of introducing cold nitrogen, usually liquid, to the
interior of the reservoir while measuring temperature and nitrogen flow rate. As
temperatures were reduced, observations were made of any frosting or condensation
on the exterior of the reservoir or test panel.
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In addition, the reservoir pressure differential was measured for a specific
room-temperature nitrogen flow rate in an effort to assess the permeability of the
test insulation.
Tests were performed using the following types of insulation:
a) Polystyrene foam, closed cell, 3-in. thick.
b) Polyurethane foam, open cell, 3-in. thick.
c) Polyurethane foam, closed cell, 1-in. thick.
d) Polyurethane foam, closed cell, 1/2-in. thick.
e) Multilayer (200 layers), perforated, 2-in. thick.
5. 1. 2. 1 Discussion of Test Program Results
The experiment gave temperature measurements for the various thermocouple
locations. Approximately 20 thermocouples was used at various locations about the
test chamber. However, the ones of greatest interest here are the three sets (inside
and outside) at three elevations (top, middle, and bottom) on the test panel (Figure
5. 1-6). The two extreme locations are approximately 1-in. from the ends of the
chamber. Different elevations are emphasized because, due to the cooling method,
portions of the test insulation panel were subjected to different temperatures. Where
possible these data were compared with data at a corresponding elevation on the walls
of the chamber.
Estimates were also made of the thermal conductivity of test insulations. These
estimates involved an assumption about the heat transfer coefficient to the outside of
the insulation, and so were open to error.
Polystyrene Insulation
The three-inch wall polystyrene chamber was tested first. Coolant flow was ini-
tiated, as in all subsequent tests, by opening the valve to the liquid nitrogen dewar. The
setting of this valve and the pressure within the dewar essentially determined the nitrogen
flow rate. The nitrogen dewar was weighed periodically to determine flow rate. It is
obvious from this procedure that precise control of flow at some predetermined rate
was not possible. Nevertheless, near equilibrium conditions at temperature differen-
tials characteristic of propulsion system module insulation were usually obtained.
The temperature history and the coolant flow rate for the test are shown in
Figure 5. 1-7. The data are taken from the front panel (the panel which was later
replaced by the test insulation). The other outside surface temperatures were not
plotted since they were not appreciably below the ambient temperature. The vertical
line at 120 minutes indicates the time at which the nitrogen flow into the chamber
changed from a gas to a combination of liquid and gas.
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-280 -
40 120 200 280 360
TIME (MINUTES)
440
Figure 5. 1-7. Temperature History of 3-in. Polystyrene Insulation
Since the test was run without a direct vent to the outside of the chamber, all
coolant flow escaped the chamber through the insulation and, more probably, the joints
between the walls of the chamber. This mode of operation was possible because of
the relatively greater.strength of the 3-in. foam, it was possible to maintain pressure
differentials in excess of one inch of water across the box; with other test insulations,
only a small fraction of this differential could be tolerated.
Figure 5. 1 -7 shows the severe gradient within the box. This indicates that a
thermal gradient problem within the propellant tanks might arise if a canister insulation
system (all tanks insulated in a single compartment) is used.
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Observations were made of frost formation on the exterior of the test chamber.
At 160 minutes, condensed vapor was observed at a point near the lower edge of the front
of the chamber. Condensation also appeared on the surface at that location. The test
chamber as received had a number of problem areas. Cold nitrogen could be felt
escaping from the box through small holes. In addition, certain areas of the foam
apparently had internal imperfections since they would frost up while the remainder of
the foam surface in the area remained dry.
At 190 minutes, small ice crystals began to appear along the bottom of the chamber
near the door. These appeared not only at the joint between two pieces of insulation,
but also up to one inch from the edge. At 300 minutes the bottom of the front panel was
covered with frost. By 490 minutes the frost on the right front corner covered half
the box.
In summary, most of the frost appeared at or near joints or apparent imperfec-
tions in the foam. This demonstrates that the transpiring gas must cover the entire
surface, otherwise frost will build up at each boundary between transpiring and
non-transpiring sections.
Open-Cell Polyurethane Insulation
The second test was performed with open cell (65 pores per inch) polyurethane
foam. A 4-1/2 ft x 2 ft blanket of 3-in. thick foam was fabricated by gluing three
1-in. layers together at the edges and at several points in the center. This test panel
covered only a portion of the front section of the box, see Figure 5. l-9(a).
The manufacturer's data on permeability do not extend to the low flow rates which
were the maximum obtainable during these tests. However, extrapolation of the manu-
facturer1 s data to low flow rates yielded
Др = 2. 94 x 10"4 rh (5-7)
where Др is the differential pressure across the foam in inches of water and rh is the
mass flow rate per unit area through the foam in units of Ib /ft -hr. Since the maxi-
m 2
mum flow rate obtainable with room temperature nitrogen was under 4 Ib /ft , the
2 m -4
maximum pressure differential expected across the 7 ft panel was under 1. 7 x 10
_4
inches of water. The minimum Др detectable with a manometer was under 1. 7 x 10
inches of water and, as might be expected, no Др was discernible during the test.
The temperature history of the porous insulation is shown in Figure 5. 1 -8(a), (b),
and (c) from the bottom, middle, and top of the panel, respectively. The vertical
dotted line shows the time (93 minutes) at which the liquid nitrogen coolant flow rate
was greatly increased. On comparison with Figure 5. 1-7 (the corresponding data for
closed-cell foam), it can be seen that the bottom outside surface temperature is reduced
greatly. Transpiring cold gases cause this reduction. However, the same greatly
depressed outside surface temperature is found partly at the middle and not at all at the
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top location. In fact, at the middle location the outside surface temperature rises
when the flow rate increases, contrary to expectation. Furthermore, the top inside
temperature, Figure 5. l-8(c), is higher than for closed-cell foam. These factors
point to an unexpected problem with the porous foam insulation.
The problem is further substantiated by the distribution of temperatures through
the thickness of the insulation panel. The inner and outer temperatures (shown in
Figure 5. 1-6 and Figure 5. 1-8) are measured one-third of the panel thickness from
inside and outside surfaces, respectively. The expected temperature distribution,
based on the analysis described above, is similar to that found at the bottom of the test
panel toward the latter part of the test, Figure 5. l-8(a); i.e., the temperature gradient
is not expected to be constant, but smaller, near the inside surface. The departure
from a linear temperature distribution is expected to increase as transpiration flow
rate is increased. This is clearly not the behavior of the insulation at the middle
location, Figure 5. l-8(b).
Frost on the test panel surface was observed about 45 minutes into the test,
Figure 5. l-9(b). At this time the outer surface temperature at the bottom of the panel
had already been approximately 390 F for about 15 minutes. Clearly, transpiration
prevents frost formation. Nevertheless, frost did form on the test panel. The frost
pattern is shown in Figure 5. 1-9 (a through f).
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It is interesting to correlate the progress of the frosting with the temperature
history especially in the case of middle outside surface temperature. The start of
temperature increase at approximately 110 minutes is reflected by a drop in the frost-
line from a point just above the middle outside thermocouple to a point just below,
Figure 5. l-9(e) and (f).
On the basis of frost pattern behavior and unexpected temperature data, it was
concluded that the transpiration flow through the insulation was not only non-uniform,
but was actually reversed in certain areas. It appeared that room air was flowing
into the test chamber through most of the upper portion of the test panel while cooling
nitrogen and the ingested air flowed out through parts of the bottom portion of the
panel. Added evidence of this occurrence was the negative pressure differential noted
during this period. The tap through the test chamber for the manometer was located
at the top of the chamber.
To test this hypothesis, the upper half of the porous test panel was covered with
a piece of plastic. The time at which this occurred is denoted by the second dotted
vertical line in Figure 5. 1 -8. The behavior of the plastic at the time of its installation
added credence to the postulated air flow pattern. The plastic was held tightly against
the foam surface as though inward aspiration were occurring. Further corroboration
may be deduced from the temperature behavior subsequent to the addition of the plastic.
The top temperatures, where inflow of air was no longer possible, dropped precipitously
as though to assume a distribution similar to that of a non-transpiring insulation. The
middle temperatures, at a point just below the plastic, began or continued to climb as
they might if aspirated air flow were increased Presumably, air flow was still
occurring but now in a lower area. The continued lowering of the level of the upper
frost line, Figure 5. l-9(e) and (f), is also explained. The cause of this action might
be termed a reverse "smoke stack effect. "
In short, the analytical models used above fail to predict the thermal behavior
of transpiring foam because of extreme non-uniformities and even reversals of trans-
piration flow. In those areas where flow patterns were approximately normal, for
example at the bottom of the panel, the analytical model does predict the correct type
of behavior, i.e., at 150 minutes the outside surface temperature depression at that
location was 165 R. The coolant flow rate was 28 Ib /hr. If this flow is assumed to
m
 2
flow out through the bottom half of the panel (an area of 3. 5 ft ), the specific mass flow
rate is 8 Ib /ft -hr. Referring to Figure 5. 1-1, a surface temperature depression
of well over 100 R is predicted. Furthermore, the approximate parabolic temperature
distribution through the panel at that time is predicted.
Closed-Cell Polyurethane Foam
Tests were conducted on both 1-in. and 1/2-in. thick, closed-cell, polyurethane.
The CPR 9004-2 foam used was manufactured by Upjohn approximately 14 months prior
to the test. Its density was 2 Ib /ft and it was blown with freon. The exposed portion
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of the test panels measured 48 in. x 21 in. as in the previous test. A picture of this
set-up is given in Figure 5. 1-10.
Figure 5. 1-10. Half-Inch, Closed-Cell Polyurethane
Insulation Test Panel
The temperature history of the 1/2-in. panel is depicted in Figure 5. 1-11. Both
its behavior and that of the 1 -in. foam appeared normal. None of the measured outside
temperatures ever dropped below freezing.
As mentioned earlier, the chamber vent valve was left open during these tests.
Even with this arrangement, the differential pressure present at the coolant flow rates
used was near the maximum tolerated by the insulation. The values were 0. 8 and
0. 15 inches of water for the 1- and 1/2-inch foam, respectively. These pressures
caused a pronounced bulge in the panel. In both cases the panel cracked at one point
late in the tests when the temperature was quite low. The estimated maximum stress
in the panel at that time was about 3 psi. This compares with a tensile strength of
40 psi at 530 R as given by the manufacturer. Although the above estimated stress at
which breakage occurred is, at best, approximate, it appears that the strength of the
foam may be reduced with decreasing temperature.
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Multilayer Insulation
Similar tests were performed with a panel of multilayer insulation except that
the insulation covered the entire front (4 ft x 3 ft) of the box. The multilayer was a
nominal 2 in. thick and comprised of 200 layers of 1/4-mil Mylar, aluminized on one
side. The Mylar, crinkled to effect separation of layers, was assembled in blankets
of 10 layers welded together at the edge of the panel. The resultant 20 blankets were,
in turn joined at the edges by two-sided adhesive tape. The blankets were enclosed
in a case of 3-mil, aluminized Mylar, sealed with tape of the same type. This outer
envelope facilitated handling of the panel without damage to the insulation.
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The multilayer panel, i. e. , all layers in the panel and the outer envelope, was
perforated for the purpose of allowing a purge of nitrogen to flow through the panel.
The holes, less than 1/16-in. in diameter, were in a regular array spaced approxima-
tely 3 in. apart. However, the layers were arranged so that the holes were not
coaligned through the panel. The theoretical density of the multilayer panel was approx-
imately 2. 6 Ib /ft3,
m
Since the multilayer panel was perforated for the purpose of flowing (for frost
prevention), a test was conducted to determine its permeability. As before, room
temperature nitrogen was introduced into the box in a measured quantity and the
resultant differential pressure measured. The flow resistance determined in this
manner was approximately the same as that of the closed-cell polyurethane foams.
Very little, if any, nitrogen flowed through the perforated multilayer panel. (It was
obvious that the perforation was not sufficient to prevent failure during vehicle ascent. )
Thermal tests were performed in the usual fashion, i.e., liquid nitrogen was
introduced at the top of the test chamber; temperatures and flow rates were monitored.
The test continued until temperature equilibrium was approached at a sufficiently
low temperature.
The multilayer insulation performed very well thermally in that the outer surface
temperature remained high and exhibited no frost formation or moisture condensation.
There were frost formations along the bottom edge and the lower several inches of the
edges on the side of the panel. However, this was probably due to leakage of cold
nitrogen gas out of the joint between the test box and the test insulation.
The average effective thermal conductivity was approximately 0. 0076 Btu/ft-hr-
R. This contrasts with an expected value of 0. Oil Btu/ft-hr- R based on the conduc-
tivity of nitrogen gas over a similar temperature range.
5. 1. 2. 2 Avoiding Thermal Gradient Problems
The test results also clarified thermal gradient problems which could occur
within the module and how they may be avoided. During the test on the box itself
(the test without a test sample), the liquid nitrogen was allowed to fall to the bottom
of the box. From the data, a 230 R gradient was established within the box. This is
in conformance with other simple tests conducted at TRW.
For the remainder of the tests, an open pan was placed approximately six inches
below the top thermocouples, and most, if not all, of the LN? which evaporated within
the box did so in the pan. For these tests, the gradient between the middle and bottom
thermocouple was 14 R maximum, or less than 10% of the gradient when the evaporation
occurred at the bottom of the box. The data show a sizable gradient between the top
and middle thermocouples, but again this was because nitrogen evaporation occurred
below the top thermocouple. A simple test was previously done at TRW in which the
vertical temperature profile within a foam box was correlated with the level at which
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the evaporation occurred. The test showed that, in the absence of forced convective
currents, severe gradients will exist at elevations above the evaporation level. Below
the evaporation level, gradients are minor. This is logical considering the manner
in which convective currents will be established within the box. It was also established
in those tests, and qualitatively confirmed by the tests reported here, that the place-
ment of a vent at the top of the box, as opposed to a vent at the bottom, aids in reducing
the gradients both above and below the evaporation level.
A simple calculation determining whether gradients within the module might be
detrimental during groundhold, even though the average module temperature is correct,
showed that with no convective currents in the tanks, propellants will adopt a tempera-
ture profile very near that of the gas surrounding the tanks. Obviously, this is a worst
case assumption since, even with cooling at the bottom, circulation currents are estab-
lished within the tanks. However, to avoid problems within the tanks, cooling fluid
should be entered at the module top and the vent should also be at the module top.
Another problem, somewhat related to the above discussion, is determining
the advantages or disadvantages of cooling with LN- and/or GN?. Simple calculations
made with the aid of an on-line computer indicated there is little difference between the
two forms of nitrogen. LN2 poured directly on the top of the tanks will flash (film-boil).
This, combined with internal circulating currents, prevents freezing. The main dif-
ference between cooling with the liquid or with gas externally is quantity of fluid involved.
The problems of thermal gradients within the insulation are, however, of no
consequence if the insulation is applied directly to the surface of the fluid tanks and
cooling is internal to the tanks.
5. 1. 2. 3 Selection of Non-porous Foam Insulation Based on Test Results
The results from the test program established that porous foam insulation should
not be used. In addition, it would appear inadvisable to use multilayer Mylar insulation.
Multilayer Mylar's advantage over foam is its lighter weight. However, it is highly
susceptible to unpredictable variations. It compresses easily to half its normal thick-
ness, a condition which might result in a local frost collection point. Also, if the gas
flow paths are insufficient, moisture may diffuse back into the insulation. More
importantly if the porosity of a Mylar blanket is sufficient to prevent rupture due to
pressure differentials during launch, the blanket will also have the problems exhibited
by porous foam.
The tests did not definitively establish the best insulation configuration. They
did indicate possible thermal gradient problems should a canister-type insulation
system be used.
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One of the main objectives of the test program was to determine the thermal
conductivity of the closed-cell foam so that the necessary insulation thickness could be
specified. Unfortunately, the results were not sufficiently accurate to reliably establish
the foam conductivity (calculations indicated conductivities ranging from 0. 021 to
0. 006 Btu/ft -hr- R/ft). However, the test did indicate that foam could be as thin as
1/2-in. and still function thermally. This agrees with the results reported in Reference
5 in which liquid hydrogen tanks (Saturn S-II) were insulated with 3/4-in. closed-cell
foam. This indicates the conductivity is less than 0. 006 Btu/ft - hr - °R/ft.
5.1.3 Characteristics of Closed-Cell Polyurethane Foam
Closed-cell foam in this particular situation must have the following properties:
1) Low density.
2) Ability to withstand substantial thermally-induced stress.
3) Ability to withstand radiation of the RTG without physical
degradation.
4) Extremely low water vapor absorption characteristics.
A rigid, closed cell polyurethane foam developed by North American Rockwell has dem-
onstrated its qualities in these areas, Reference 6. The foam can be obtained in pre-cast
shapes or may be applied directly to a surface by spraying in place or foaming (pouring)
in place. The material may be cut or machined, but cut surfaces powder from vibration
and mechanical contact. Such a raw surface would have to be sealed to prevent possible
contamination of adjacent hardware by the powder. Sprayed and poured foam forms a
skin on the outside which is non-porous.
When sprayed or foamed in place, the foam forms a tenacious bond to the substrate
material, particularly to such materials as epoxies. This foam has a high coefficient of
thermal expansion, but the eprayed-on material will nevertheless remain attached to
substrates, under severe conditions, if applied as directed in Reference 6. Used on the
Saturn S-II stage tank, it has successfully demonstrated its ability to withstand strains
imposed by the aluminum structure when at liquid hydrogen temperature as well as strains
resulting from tank pressurization and flight loading. When applied to metal surfaces, a
primer is used to provide better adherence and also to protect the metal from corrosion.
However, the state-of-the-art is such that only persons who have demonstrated an ability
in spray-on foam application should be trusted with this phase of the work.
Exposure to ultraviolet radiation will cause the solar absorptivity to increase
measureably (50%). For this reason, precautions would be required to degrade the
material prior to flight or to coat it with a constant absorptivity material. The emissivity
will change very little since it is already about 0. 8
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Exposure to the level of radiation expected from the RTG will produce no degrada-
tion other than increasing solar absorptivity. From data supplied by JPL, the worst
radiation level expected would not exceed 127 mrads/hr (4 ft distance at 15° angle). For4
a ten-year period, this would amount to about 10 rads. At the Arco Idaho Nuclear Test
Site, Argonne National Laboratories subjected polyethylene, Teflon, and polyurethane to
10 rads/hr and 10 neutrons/sec. At the end of 14 days, the materials were structur-
ally sound but totally discolored. At the end of 28 days, the material was structurally
decomposed (Reference 7). This corresponds with estimates (Reference 8) in which the
8 9
radiation required to harm polyurethane was listed as 10 to 10 rads. Thus, foam
A
exposed to radiation levels of the RTG for ten years will have a safety factor of 10 .
As to the foam's water absorption characteristics, Reference 5 reports an experi-
ment in which 3/4-in. of foam was used as the insulation on a liquid hydrogen container.
The ambient condition was 120 F with 100% relative humidity. At no time during the test
(200 days) was there any indication of insulation degradation or water absorption. If the
foam is incorrectly mixed or applied, however, water absorption can be a problem.
5.1.4 Adopting a Single-Wrapped Insulation Configuration
Considering the quality of foam insulation, either of two basic insulation configura-
tions would be desirable- The first, shown in drawing SK 406876, Section 4, has individu-
ally insulated tanks and is referred to as the single wrapped system. It uses-sprayed-on
insulation applied directly to both propellant tanks and the helium tank. Since the foam
is supported by the tanks, the thickness, approximately 3/4-in. , is dictated only by the
desired thermal properties and can easily be controlled by machining the entire surface
in a lathe. At this time there is no reason to suppose that machining would be necessary.
An opening in the insulation accepts each thermal control assembly (louver or radiator).
Both propellant tanks, their flight thermal control hardware and the helium tank are
installed in the module structure after they have been insulated. In addition, all struc-
tural members and plumbing lines are connected to the tanks and must be insulated for
3 to 12 in. , depending on the material, to prevent frosting during groundhold.
The second configuration requires insulation of both propellant tanks (and possibly
the helium tank) as a unit. The simplest approach would be to foam insulate the outer
half of each tank and then connect the tanks with flat bands of insulation to form a canister.
One problem here is providing for movement between the tanks without insulation failure.
This arrangement requires flexible insulation (currently unavailable) to prevent move-
ment between the tanks.
With the canister system, the problem of insulating individual structural members
could be eliminated. All the assemblies could be included inside the insulation making
insulation for individual assemblies unnecessary. However, this canister concept has
five serious faults:
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1) It is highly susceptible to breakage by workmen. Parts of the insula-
tion would be unsupported unless a heavy back-up structure were used.
Work done around the module, particularly installation of the RTG,
would expose the insulation to harm.
2) It would be more susceptible to damage from structural and vibration
loads during launch.
3) It does not provide ready access to the equipment located inside the
insulation without exposing the tanks and other cooled equipment to
ambient air.
4) It does not lend itself to tank leak detection checks as does the
individually insulated tank system.
5) Air must move into and out of the canister interior to prevent
increase pressure differentials during tank chill down and ascent.
The last point is particularly important. A change of only 4°R in the interior
temperature during groundhold will result in a 1/4 psi internal pressure change unless
some type of circulation is provided. And, of course, the entire canister interior must
be vented during ascent. A flow area of approximately 1. 6 sq in. is required to prevent
pressure differentials during ascent; during groundhold, it is necessary to "breathe in"
as well as to vent out (Reference 9).
Providing a mechanism which would assure no appreciable pressure differentials
is not easy. The collapsible tube valve would suffice for the ascent vent valve, but no
simple means of stabilizing the pressure during groundhold is presently known. A varia-
tion of the breathing diaphragm described in Section 5. 2. 3. 4 could in theory be used but the
volume enclosed by the membrane would have to be large (30 cu ft) and as such would be
susceptible to damage. The best approach is to use a pressurized nitrogen bottle with a
pressure regulator as a source of gas to keep the pressure inside the insulation from
dropping below atmospheric pressure and a collapsible tube valve to prevent excess
internal pressure. In addition, though not directly related to groundhold thermal control,
it was established in Reference 9 that the canister system would have to be braced to
withstand launch vibration and acceleration loads. This results in about 10 Ib additional
weight. Because of these problems, the single-wrapped insulation configuration was
adopted. (The consequences of this choice relative to flight thermal control will be dis-
cussed later. ) This decision dictates the use of cooling coils, instead of an external
convective cooling system, for groundhold cooling.
Auxiliary Insulation Requirements
The above discussion establishes the groundhold insulation requirements for one
helium and two propellant tanks, but it does not indicate the insulation requirements
imposed by auxiliary equipment. The drawings in Section 4 illustrate three distinct
problem areas:
1) Gas-filled lines such as those leading from the helium tank, from
the top of the propellant tanks and those leading away from hardware
which come into contact with cooled liquid.
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2) Liquid-filled lines such as those leading away from the bottom of
the propellant tanks.
3) Structural hardware which, because of its proximity to the fluid
tanks, will become cold during groundhold.
All other equipment (engine, main propellant valves, regulators, etc. ) need not experi-
ence a drop in temperature during the groundhold phase. In analyzing these situations,
the following assumptions were made:
• Passivation will be done with warm gas.
• At no time during tanking or groundhold will the propellant be dropped
below the main isolation valves-
• At no time during tanking or groundhold will the helium be dropped
below the first set of squib valves.
Gas-Filled Lines
Gas-filled lines will become cold for appreciable distances away from their final
point of contact with the fluid tanks by conduction through the tube wall and gas and pos-
sibly by convection of the gas within the tube. Figure 4-1 indicates those lines which
fall within this class. Calculations of the required length of insulation were made based
on the assumption that all gas lines are filled with helium and that no heat is gained
through the insulation. These assumptions are conservative in that they indicate the
need for more insulated line than is actually required. Results show that for the thick-
walled tubing (0. 050-in. ) leading from the helium tank, the insulation must be carried
a distance of 1. 4 ft. For all other gas-filled tubing the insulation need extend only
0. 75 ft. In both cases, the insulation is assumed to be 3/4-in. thick.
Liquid-Filled Lines
The entire length of all liquid-filled lines must be insulated with 3/4-in. thick
insulation. Also, the assemblies at the end of the liquid-filled lines and the mounting
fixtures of the assemblies must be similarly insulated.
Structural Hardware
Structural hardware which comes in contact with the tanks will obviously be cold
and will require insulating. The required amount of insulation depends on the thickness
of the structural member and the type of material from which it is made. Aluminum
members must be insulated for about 1 ft. Titanium and stainless steel members must
be insulated for approximately 1 ft if they are 0. 06-in. thick, but only need insulation
for 0. 75 ft if they are 0. 04-in. thick. In all cases, the insulation should be standard,
3/4-in. , closed-cell foam.
5.1.5 Selecting an Optimum Cooling System
Two sets of calculations were required to determine the best cooling system design.
The first set investigated the thermal characteristics of a system of cooling coils sub-
merged inside the fluid tanks. The second set of calculations investigated the thermal
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characteristics of a system of cooling coils attached to the outside of the tanks.
5.1.5.1 Analysis of a Submerged Cooling Coil System
The model used in this analysis is shown in Figure 5.1-12. Assuming negligible
temperature drop across the tube wall, the heat transfer of this system is described by
Q/A - h.(Tt - - Tt) (5-8)
In general, it has been found that the principles of physical similitude and scalin'g laws
are valid for cryogenic application (Reference 10). After surveying applicable literature
(References 10, 11, and 12), it was concluded that, with the quality limitation discussed
PROPELLANT IN
NATURAL CONVECTION
COOLING COIL
TB = PROPELLANT TEMPERATURE
Tt = COIL TEMPERATURE
Tc = COOLANT TEMPERATURE
hj = INTERNAL FILM COEFFICIENT
h0 = OUTSIDE FILM COEFFICIENT
CROSS SECTION OF COOLING COIL
Figure 5, 1-12. Schematic of Submerged Cooling Coil
5-29
below, the internal film coefficient could be adequately approximated, ±25% for extreme
conditions and ±10% for probable conditions, by the equation
0-8 гс_м.-|0. 4
(5-9)
where
h. = internal coefficient of heat transfer, Btu/hr-ft -°R
D = tube diameter, ft
k = thermal conductivity, Btu/ft-hr- R
V - coolant velocity, ft/hr
p = coolant density, Ib/ft
ц - coolant viscosity, Ib/hr-ft
с = coolant specific heat at constant pressure, Btu/lb- R
Although this equation contains variables which are influenced by temperature
change, no consideration need be given to this problem for the following reasons. As
reported in Reference 13, the modified Colburn equation
correlates within 10% the data obtained from tests of heat transfer to a turbulent fluid
flowing inside a tube provided no boiling takes place and the viscosity of the fluid is not
greater than twice that of water. This correlation was made with all properties evaluated
at the initial bulk temperature except viscosity, which was evaluated throughout the cool-
ing tube at the film temperature, T,
Tf = Т + 0 .5(T s -T) (5-11)
where Т is the local saturation temperature and Т is the local bulk temperature. How-
ever, data for the case, of saturated liquids being boiled showed that for runs in which the
Reynolds numbers exceed 65, 000, the true mean coefficient, h , for the entire tube based
on the mean temperature (saturation temperature minus bulk temperature) throughout
the tube length, averaged 1. 26 times the value predicted by the modified Colburn equation.
Thus, for boiling liquids inside tubes, the coefficient in the Colburn equation is changed
to 0.029-
In the present investigation, the Reynolds Number of the LN_ will be in excess of
65, 000 except for very low flows. If, in addition, it is assumed that the LN_ enters the
tube at its saturation temperature, the mean temperature (the temperature at which all
the properties should be evaluated) is identical to the bulk temperature and it is, for all
practical purposes, constant throughout the tube.
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If the major method of heat transfer ceases to be heat transfer to a turbulent
liquid, not only does the constant temperature assumption fail but the coefficient, 0. 029,
reverts to 0. 023. The data in Reference 13 shows that the coefficient 0. 029 holds within
10% for a coolant quality at the tube exit of 7% or less vapor by weight provided the
Reynolds number is in excess of 65, 000. If the quality increases to 50% vapor at the
exit, the accuracy of the coefficient drops to ±25%. As will be shown later, the quality
of the coolant in the case under study, for all normal situations, will be less than 30%,
and in all probability will be less than 10%.
With these assumptions (constant temperature and sufficient flow), h. is reduced to
a function of liquid velocity (coolant flow rate), the value of the constant chosen according
to the following hand-calculated table:
LN? (Coolant) Flow Rate, Ib/hr h. Btu/hr-ft2-°R
0 0
123 123
247 214
1317 2470
The film coefficient on the outside of the cooling coil was correlated by the equation
.25
h = 0.72
о D
where
DVflgAT V (Reference 14) (5-12)
h = external coefficient of heat transfer, Btu/hr-ft - R
о
P = propellant coefficient of volumetric expansion, 1/°R
ДТ = temperature difference between tube and propellant (TR - Т )
g = constant, 4.17 x 108 ft/hr 2
Theoretically, several of the variables of this equation are temperature-dependent
and should be evaluated at some temperature between the propellant bulk temperature
and the tube surface temperature. A hand calculation shows that the maximum error
induced by assuming temperature independent properties is 12%. Since the properties
of the propellants are not known to a high degree of accuracy, it is hard to account for
temperature variations in the analysis. Even if the properties of the propellants were
accurately known as a function of temperature, it is illogical to try to improve the accu-
racy of analysis by including temperature-dependent variables in the analysis, since the
greatest uncertainty in the analysis stems from unknowns about the convection currents
within the propellants.
The film coefficient on the outside of the cooling coil is highly dependent upon the
motion of the natural convection currents which will be set up in the tank. However,
these currents are influenced not only by propellant properties but also by tank shape
and size, and, in this case, most importantly by the shape and size of the propellant
acquisition device The equation listed for hQ is a generalized empirical equation
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obtained by correlating experimental results from tests in which cooling coils were
immersed in containers of fluids. Though the equation is the best available, it obviously
will not predict accurately (±20%) the film coefficient on the outside of the coils since it
is taken from generalized data. Attempts to make it more accurate by using tempera-
ture dependent properties in its solution are illogical. To obtain a more accurate knowl-
edge of the heat transfer properties in the region of the coils, it is mandatory to conduct
experimental investigations using the tank configuration of the flight module.
For these reasons, the approach taken in this analysis was to use the equation
listed and then show from the results that the design is sufficiently conservative to
accommodate any errors introduced by the equation. Thus, h is made a function of
only ДТ in the analysis.
These two equations were solved for three different fuel temperatures assuming
1/2-in.diameter cooling tube. Figure 5. 1-13 is a graph of the calculated heat transfer
rate as a function of the coolant velocity and Figure 5.1-14 is a plot of the cooling coil
temperature as a function of coolant velocity. The main point to note from these curves
is that to prevent freezing of B?H, on the cooling coil, the coolant flow rate must be held
below 247 Ib/hr if the bulk temperature is 220 R.
To determine the length of cooling coil needed from this information, it is first
necessary to estimate the total heat transfer rate to the fuel tank. From the results
discussed previously, the total heat transfer to a tank through 3/4-in. , closed-cell
foam could not exceed 49 Btu/hr-ft . (This assumes a foam conductivity equal to the
conductivity of gaseous nitrogen. ) For individually insulated tanks, this results in a
total heat transfer rate per tank of 2200 Btu/hr. For the sake of safety, assume the
maximum heat transfer rate to each tank is 4000 Btu/hr. Combining this value with the
information of Figure 5. 1-13, it is possible to obtain a curve of cooling coil surface area
required as a function of coolant flow rate. The solid line of Figure 5. 1-15 is such a
curve for the case of 220 R fuel. It can be seen from this graph that a surface area of
only 1 sq. ft (approximately eight linear feet of 1/2-inch tubing) will require less than
50 Ib of LN, per hour in order to remove 4000 Btu/hr.
The equation listed above for h. is valid for those conditions in which the coolant is
50% or more liquid by weight and the liquid is not flowing as a core inside a vapor shield.
If this condition is not met, an error exists in the above calculations. Assuming, as
indicated, that(l) the heat to be removed from a single propellant tank is 2200 Btu/hr,
and (2) that this heat is absorbed entirely by a phase change in the coolant, it can be
shown that the quantity of fluid theoretically required is 26 Ib/hr- Thus, the 50% require-
ment is met for flow rates in excess of 52 Ib/hr. Eight feet of 1/2-in. tubing, flowing
at 52 Ib/hr, would fulfill all heat transfer requirements.
If the heat to be removed is indeed 4000 Btu/hr, the coolant quality restriction is
not met. The result would be that the coolant flow rate would have to be increased or the
propellant temperature would rise above 220°R (to about 262°R), if the flow is maintained
at 50 Ib/hr. This, of course, is still within the acceptable temperature range.
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However, if the coolant flow rate is increased by a factor of 5 (approximately
5 ft /hr) in a 1/2-in. tube, the predicted heat transfer rate would increase in excess
of 10, 000 Btu/hr per tank. Thus, it can be seen that theoretically there is ample cool-
ing capability in eight feet of 1/2-in. cooling coil.
If the 50% liquid requirement is met but the liquid is flowing as a core, the equa-
tion for hA might still be in error. Reference 15 reports values of h. calculated in the
manner indicated above, but these calculated values were found to be as much as three
times the value of experimentally determined coefficients. This discrepancy was attri-
buted to liquid core flow. By placing flow spoilers in the cryogenic cooling tube, the
calculated and experimentally-determined coefficients were found to correlate very well.
The probability of the calculated values of h. being materially in error due to core
400
350
300
250
s
г 200£
« 1BO
100
50
ASSUMES A TOTAL HEAT TRANSFER
RATE INTO THE FUEL TANK OF
4000 BTU/HR
(SAFETY FACTOR OF APPROXIMATELY 2»
AND A BULK TEMPERATURE OF 220 °R
— 0.62 IN. 0.0. TUBE
О 1.0 2.0
COOLING COIL SURFACE AREA (FT2)
Figure 5. 1-15. Required Coolant Flow Rate for Coil
Submerged in B?H,
5-34
flow is small. The work reported in Reference 15 involved a counter flow, forced con-
vection heat exchanger with liquid hydrogen and water as fluids. The heat transfer rates
in those experiments were high because of the high water velocities and high temperature
differential (500 R to 700 R). Had the water conditions been changed, i. e., reduction of
its velocity, to reduce the heat transfer, the problems due to liquid hydrogen core forma-
tion would also have been reduced. This was indicated by the data reported. Since B_H,
does not transfer heat as efficiently as water and since the B_H, is circulating by natural
convection only, the heat transfer rate is much lower in the present case and core flow
is unlikely. In addition, since the LN_ cooling tube is formed into a coil, the formation
of an annular film will be prohibited by the centrifugal force which will force the liquid
to the outside of the coil.
The actual problem in such a coil will probably be prevention of over cooling. A
flow rate of 50 Ib/hr of LN_ through a 1/2-in. tube is an extremely Low flow rate.
Rather than trying to dribble through such a low flow, it would be better to use a coolant
flow system controlled by two temperature sensors, similar to the systems commonly
used in cold traps of vacuum facilities. One sensor, located near the bottom edge of the
coil, would stop the flow before freezing on the tube occurs. The other sensor, located
at the top of the tank and away from the coil, would initiate coolant flow. The problem of
initial transients due to warm gas in the coolant line circulating through the tank is of no
concern. Seven pounds of room temperature nitrogen circulated through the fuel tank
will change the fuel temperature by only 1 R.
Figure 5.1-15 also shows the relationship between coolant flow rate and required
cooling coil surface area for different sizes of tubing. However, it must be clearly under-
stood that the curves are applicable only if heat transfer does not result in more than 50%
of the coolant being boiled. The curves for the smaller tubing indicate that some weight
savings could be realized by using smaller tubing. This potential weight saving (approxi-
mately 1/4 Ib for the 1/4-in. tubing) is offset by less temperature control capability
particularly if it suddenly became necessary to accommodate high heat transfer rates-
Considering the potential cooling capability of a 1/2-in. cooling coil and the minor
weight increase, it is prudent to use eight feet of 1/2-in. tubing.
The possibility of using cold gaseous nitrogen as the coolant was also investigated.
As will be indicated below, the coolant must be below 200 R to be capable of maintaining
the propellant temperature at 220°R. From 140°R to 200°R gaseous nitrogen has a heat
capacitance of only 15 Btu/lb or about 18% of the heat of vaporization. Thus, the savings
in coolant realized by using the specific heat of the' gas is comparatively small and the
penalty in cooling coil weight is large. For these reasons, use of gaseous coolant is
strongly discouraged.
The analyses described above were repeated for the case of the OF- tank and also
the helium tank. The major results are shown in Figures 5.1-16, 5. 1-17, and 5. 1-18.
In all cases, the required length of cooling coil is relatively modest.
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The above calculations were also repeated assuming a coolant at 200 R. The
purpose was to establish whether or not a closed loop refrigeration system might not be
able to accomplish the cooling. As expected, extremely long cooling coils (about 200 ft)
would be required to reduce the bulk temperature to 220 R. Obviously, from a weight
standpoint alone, this is unacceptable. Since commercial refrigeration systems capable
of sustaining sufficiently low temperatures are not now available, this approach cannot
be considered at this time.
5.1.5.2 Analysis of an External Cooling Coil
The model in this analysis is basically that of a cooling coil attached to the
outside of a vertical plate, Figure 5.1-19- To make the analysis amenable to simple
calculations, several simplifying assumptions were made:
1) No vertical heat conduction in tank -wall.
2) Negligible temperature drop across the aluminum liner and tube wall.
3) Natural convection within the tank.
4) Average thickness of epoxy holding tube to tank of 0. 05-in.
5) Effective width over which heat transfer through tube and tank wall
occurs equals tube diameter.
TANK WALL
EFFECTIVE
WIDTH
OF HEAT
TRANSFER
EPOXY
—H H— 0.12 IN.
BORON FILAMENT TANK WALL, k = 0.42
EPOXY, 0.05 IN. THICK (AVERAGE), k = 0.15
COPPER COOLANT TUBE
LN2 COOLANT BOILING AT 140 °R
Figure 5. 1-19. Schematic of Tube Attached to Outside of Tank Wall
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With these assumptions the equations are
Q/A = h.(T. - Т ) = U(T - T.) = h (TD - T, ) (5-13)l i e 0 1 o B o
where Q/A is the heat transfer rate per unit area and the temperatures are as indicated
in Figure 5. 1-19-
The solution of the internal film coefficient is the same as given above in
Section 5.1.5.1. The transmittance U was calculated in the usual manner:
/k л /k
' в *Е' Е
(5-14)
where &., and &„ are the thickness of the boron filament tank and epoxy and k,, and k_
В ili О JLi
are the thermal conductivity of those two materials-
The film coefficient on the tank wall was calculated by
0.25
. (Reference 16) (5-15)
where h = tank wall coefficient of heat transfer, Btu/hr-ft - R.
о
The above equations were solved for the case of 1/2-in. diameter tubing placed
on the OF™ tank. The resulting heat transfer rate per unit area, Q/A, was then used
to establish the length of tube needed. The resulting curve of cooling coil length as a
function of coolant flow rate is given in Figure 5. 1-20. This curve shows that external
coils must be approximately 12 times longer than internal coils. Unless overriding
structural reasons present themselves, thermal considerations would dictate internal
coils using LN? as the coolant as the means of ground cooling.
5. 1. 5. 3 Comparison of Coolant System Designs
The cooling coils used to maintain propellant temperatures during ground ho Id
could be located either within the propellant tanks or intimately attached to the exterior
surface inside the insulation. Because of the ability to bring the coolant in closer con-
tact with the fluids to be cooled by using internal coils, however, it is possible to adapt
to widely fluctuating heating loads with internal coils. External coils have severe limits
as to the variations in external heating loads which could be handled.
Placing the coils internally presents no design problems and is the most simple,
direct installation. The required length of tubing is coiled and attached to a central
structural member by spring clips as required for vibration support. The inlet and
outlet ports are incorporated in the existing polar fittings on the tank.' The assembly
of the coils and device can be installed in the tanks as a complete unit. The internal
cooling coil configuration is shown in drawing SK 407640.
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The coils, if wrapped around the exterior of the tank, would be epoxy-bonded to
provide both structural attachment and thermal conduction. The aluminum alloy tube is
subjected to tensile stresses both from relative thermal contraction when the tank is
chilled and from the induced deflection when the tank is pressurized. The magnitude of
these stresses are such that either of these conditions can be imposed separately with no
adverse effects; but if both occur simultaneously, the tube will elastically yield,
operating conditions the tank is cooled during groundhold and then pressurized after
launch; thus, yielding imposes no problem. However, if the system were to be thermally
cycled, the resulting residual compressive stresses result in the tube could fracture
the epoxy bond due to the tensile loading imposed on the attachment. While this is a
potential problem, it can probably be solved by judicious design. Foam insulation can
be applied to the tank over the coils with no problem and, by keeping the coils away
from the radiator area, no installation problems would result.
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Internal coils present a potential leakage problem, which external coils do not.
The tubing, immersed in the propellants, is susceptible to corrosion. Leakage of nitro-
gen into the tanks is not of itself dangerous, but side effects such as tank pressurization
could occur. Such problems are low probability situations.
Internal tubing would weigh approximately 0. 6 Ib per tank. External tubing would
weigh approximately 8 Ib per tank. Thus, the use of internal coil would result in a
net weight savings of about 22 Ib. For the above reasons, internal coils are recommended.
Calculations show that a refrigeration system will not suffice for a cooling system.
Manufacturers of refrigeration equipment state that, at this time, commercial equipment
capable of supplying coolant below 200 R cannot be made. In addition, the coolant would
have to be methane. Safety would preclude the use of internal methane cooling coils.
Theoretically, either LN- or GN can function as the cooling medium. LN,,
because of its colder temperature and high density, will require the minimum length of
cooling tubing. To be competitive, a GN- system would have to operate at a pressure
sufficient to create a coolant velocity approximately 170 times higher than LN,
coolant velocity (liquid density divided by gas density).
LN^ has great adaptability. It can accommodate sudden increases in heat
addition to the propellants. Thus, if the insulation fatted or was broken, the use of LN_
would make it possible to accommodate a ten-fold increase in heat transfer. If a minor
failure appeared in the propellant system, the cooling capability of LN? makes it possible
to reduce the inherent danger by substantially reducing within minutes the vapor pressure
of the propellants. GN2 can accommodate at best only a two-fold increase in heat trans-
fer rate, and has essentially no capacity to reduce the vapor pressure of the propellants
by greater subcooling.
The LN_ system is the least expensive. A standard supply system with a set of
temperature controlled valves is required. A GN- system would require the same equip-
ment, and in addition would require a vaporization unit. Also, the GN? system would
require considerably more nitrogen. For the above reasons, LN? is recommended as
the coolant.
5.1.6 Thermal Performance During Groundhold
5. 1. 6. 1 Determining the Thermal Characteristics of the Module
In order to determine the thermal characteristics of the whole module during
groundhold, the final module configuration was analyzed m detail. This analysis was
done with the aid of a heat transfer computer program written in SINDA and run on a
Univac 1108 computer.
The computer model assumes the propulsion module and its environment may be
represented by 168 uniform temperature elements, or nodes, connected by appropriate
radiation and conduction resistances. Appendix A of Reference 17 gives a detailed
description of these nodes and the conduction and radiation heat transfer conductances
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between the various nodes. Thermal characteristics and property values of the various
components were obtained from published data or from developmental tests conducted
on previous programs at TRW Systems.
The following provisions were included in the program.
• Atmospheric convective heat transfer to all external nodes was
provided.
• Background radiation level was set at 525°R.
• Nodes were added to account for the cooling coils inside the fluid tanks.
• A node was added to account for the RTG in a stowed position.
• Nodes were added to account for insulation over the top of the
radiators.
• All separation assembly interfaces were assumed to be held at
530°R.
To simplify the computer model, assumptions concerning the cooling coil heat
transfer, discussed above in Section 5. 1.5. 1, were applied here. Also, three
other major assumptions were made. First, it was assumed that the external film
coefficient used in determining the atmospheric convection heat transfer was independent
of temperature. Ordinarily, this coefficient is porportional to (AT) in natural
convection, where ДТ is the temperature difference between the surface being heated
or cooled and the ambient air. However, in this case, the effect of temperature
variation upon the film coefficient will be small because the temperature difference
between the air and module surfaces will remain small, 5 to 15°R, and fairly constant.
More to the point, however, the coefficient is more dependent upon the velocity of the
ambient air. For quiescent natural convection, the film coefficient may be as low as
0.25 Btu/hr-ft-°R. But for high velocity gas, i.e.. 35 fps, the coefficient may reach
10 Btu/hr-ft - R. Even such a wide variation in film coefficient has little effect upon
the overall operation of the module during groundhold since the film coefficient presents
very little resistance to heat flow compared to foam insulation. Thus, for convenience,
a constant value of 1 Btu/hr-ft^-°R was used in the computer program for most of the
analysis. However, the effect of larger film coefficients was considered.
The second assumption was that the tank walls are at the same temperature as
'the internal fluid which is in contact with the tank wall. Within the accuracy of calcu-
lations, this is sufficiently correct. For normal conditions, the heat transfer rate
through the walls is about 50 Btu/hr-ft^-°R. A hand calculation will show that, for
the propellants under study, such a heat transfer rate will result in less than a 3 R
i
temperature drop across the film at the wall. This assumption is also the most
conservative because it results in answers indicating higher heat transfer rates into the
tank than will actually occur.
The third assumption is related to thermal gradients within the fluid tanks.
During groundhold operations, convective currents within the propellants will be
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established, but the exact mode of the currents is difficult if not impossible to predict.
To directly account for convective currents inside a tank in a computer program is
impossible. Such a program would be correct only to the extent that the convection
currents are known. In addition, the correct nodal arrangement would be totally
dependent upon the convection current paths and velocities. Thus, for even minor
changes in the heat transfer pattern, e. g. , a shift in the external air currents, a change
in nodal arrangement would be required.
It is possible to indirectly account for the convective heat transfer by increasing
the thermal conductivity of the propellant so that the apparent heat transfer rate
indicated by conduction only would be the same as that which actually occurs in both
conduction and convection. This approach results in a distorted picture of the tempera-
ture profiles within a tank. But, from an overall point of view,, the error is small and,
therefore, this approach was adopted. References 13 and 18 were used to estimate
the apparent conductivity in this analysis.
Recounting the approximations and assumptions made in formulating the thermal
computer models, it will be seen that errors introduced into the computations can be
grouped into three classes:
1) Errors due to the nodal configuration used to simulate the module.
2) Errors due to unknowns in material properties and hardware con-
struction (conductivities, reflectivities, interface thermal resis-
tance, etc.).
3) Errors due to lack of information concerning the dynamics and
characteristics of fluids in natural convection.
Errors of the first type can be reduced to any desired level by using a sufficiently
small nodal grid. In reality, this becomes a trade-off between the degree of accuracy
necessary and the resulting complexity in the computer program. Experience on other
programs (Pioneer, OGO, MSS) indicates that little would be gained by increasing the
model complexity. Though a detailed error analysis of this particular aspect of the
program was not made, analysis from other programs would indicate the error due
to this source is about ±5°R.
An analysis of the second type of errors was done for this program. The
extreme limits which could logically exist for each of the conductances of the pro-
grams were estimated, and then the temperature shift which would result if these
extremes occurred simultaneously was determined. This analysis showed that if all
the extremes "lined up" to shift the module temperature in one direction, the average
module temperature would shift about 21°R. If the possible variations in the conduc-
tances occurred in a 3<r random pattern, which is much more likely, temperature
error due to this source will be no more than ±7 R during groundhold. This is com-
parable with past experience with TRW thermal control projects. To obtain a better
prediction of performance, actual tests must be run.
5-44
Errors of the third type are difficult to assess due to lack of theory and experi-
mental data. Without an in-depth analysis, it is impossible to assign a value to this
error. Based upon available theory and the particular nature of the module, tempera-
ture variations caused by these unknowns will not be major--less than 5 R for heat
transfer rates in this case.
One last point should be noted. The thermal conductivity of the foam was assumed
to be 0. 01 Btu/ft -hr - R/ft during the coil design analysis, Section 5. 1. 5. 1. This is
approximately the conductivity of nitrogen. However, the foam conductivity is not
accurately known. Ordinarily, foam manufacturers quote conductivity values of about
0. 01 to 0. 02. This is inconsistent with the fact that liquid nitrogen containers with
1/2-in. foam walls do not collect frost or sweat at room temperature. Simple calcu-
lations based on such a container indicate the conductivity lies between 0. 002 and 0. 007.
Primarily based upon this observation, 0. 00625 Btu/ft -hr - °R/ft was chosen as the
foam thermal conductivity during this and the flight thermal analysis.
5.1.6.2 Description of the Groundhold Thermal Control Operation
The results from the above analysis show that the thermal control system func-
tions very well during the groundhold phase. Those module components which must
be kept cold can indeed be maintained at the required low temperatures. Also, such
components as the frame, outside insulation surface, helium control panel, and bi-
propellant valve, act as relatively constant temperature components by remaining
within 1 0 R of the ambient temperature. The valve and filter located at the bottom of
each propellant tank will, of course, remain within 20 R of the tank temperature.
The actual thermal characteristics of those components which must be kept cold after
propellant loading are best demonstrated by the curves of Figures 5.1-21 through 5.1-24.
Figure 5. 1-21 is a plot of the equilibrium temperature of the three tanks as a
function of LN, coolant flow rate in each tank for an outside film coefficient of 1. 0 Btu/
hr-ft - R. It is no problem to keep the fluid temperatures sufficiently cold. For the
design selected, (a coil of 1/2 in. tubing, 8 ft long), the problem is one of excess
cooling to the point that freezing of the B-H, may occur. With a pressure drop across
the coil of only 25 psia, the coolant flow rate capability is considerably in excess of
1000 Ib/hr. Yet, it can be seen from Figure 5. 1-21 that a continuous flow rate of only
40 Ib/hr will result in a coil surface temperature which may be low enough to cause
freezing on the surface of the coil (190°R). Resolution of this problem, through coolant
flow control, will be discussed later.
The temperature of any particular tank is relatively independent of the tempera-
ture of the other two tanks. For example, a variation in the oxidizer tank temperature
of 50°R will result in a shift in the fuel temperature of less than 3 R. If the oxidizer
and helium tanks are maintained at 250°R and all coolant to the fuel tank is eliminated,
the resulting equilibrium fuel tank temperature would be near 480 R.
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The dependency of the helium tank temperature upon the combined effects of the
other tank temperature is slightly more pronounced. No coolant to the helium tank
will result in an equilibrium helium tank temperature in excess of 440°R, depending
on the ambient wind conditions. These temperatures apparently preclude an ambient
access to a particular tank while the others are conditioned.
This limited interdependence results in a characteristic which should be noted.
If the pr ope Hants are loaded but not the helium, there will be a tendency for the
helium tank pressure to drop since the helium tank temperature will fall in response
to the propellant tanks. Therefore, attention must be given to preventing the collapse
of the helium tank. Unless the helium tank is designed to withstand negative pressures,
additional helium must be added during the tanking of the propellants.
The extent to which all coolant flow may be eliminated is indicated in Fig-
ure 5. 1-22. As expected, the rate of each tank's temperature rise is closely
related to the mass and specific heat of that tank. Thus, the temperature response of
the helium tank is most pronounced because of its low heat capacitance. The time
during which cooling may be eliminated is also related to the initial temperature.
Assuming an initial helium temperature of 225°R, coolant to the helium may remain
off only 9 hours before its maximum temperature occurs. In comparison, it will
take some 40 hours for the OF^ or B^Hx temperature to rise 40°R.
The characteristics described above allow use of a simple on-off technique for
controlling propellant temperatures which will, at the same time, solve ground support
equipment problems. At most launch sites, the LNo supply is some distance away and
for purposes such as proposed here, the lines are generally insulated with a mineral-
type insulation such as Armaflex. Lengthy transport lines for the LN? will require
high flow to obtain high quality liquid coolant at the tanks without necessitating vacuum-
jacketed lines. As noted above, high flow rates in the fuel tank coolant coil could cause
local freezing of the fuel. Therefore, in the present design, the coolant to the fuel
tank will have to be operated on an intermittant basis with two different sensors con-
trolling. A temperature sensor attached to the coil, stops flow to prevent freezing
and a sensor immersed in the fluid near its surface initiates coolant flow.
If groundhold thermal control is accomplished by flowing large quantities of
LNo for relatively short periods of time, cyclic thermal response similar to that
shown in Figure 5. 1-23 may be expected. Graph A is for the particular case of LN_
flowing at 1000 Ib/hr in each coil. Graph В is for the case of LN, flowing at 35 and
200 Ib/hr in the fuel tank coil.
In this analysis, it was assumed that the LN? flow in the helium and oxidizer
tanks is controlled by thermocouples immersed in the fluid and that LN, coolant
flow initiated when the fluid temperatures exceed 270°R, is stopped when the fluid
temperatures drop below 220°R. It was also assumed that the coolant flow in the fuel
tank is initiated when the bulk temperature exceeds 270°R, but that the coolant flow is
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stopped when the coolant coil temperature drops below 190°R, the temperature at
which freezing on the coil could conceivably start.
The effect of controlling the fuel temperature in this manner is clearly demon-
strated in Figure 5. 1-23. At a flow rate of 1000 Ib/sec, the minimum bulk temperature
of the fuel is about 252°R because, at the high coolant flow rate, the coil is substantially
colder than the surrounding liquid. In comparison, if the flow rate is 35 Ib/hr and the
lower control temperature is kept at 190°R at the coil, the fuel bulk temperature will
drop to approximately 203°R. This clearly points out three facts:
1) The cooling response rate and rate of temperature drop is not
materially affected by the LN2 flow rate because the outside
film coefficient, not the inside coil coefficient, is the controlling
parameter.
2) There is a maximum LN2 flow rate which may'be accommodated--
approximately 1500 Ib/hr. A higher flow rate will result in the
low temperature sensor (coil temperature) giving a signal to stop
LN£ flow to prevent possible local freezing when the bulk tempera-
ture is still in excess of 270°R. The actual result would be that
the LN2 flow control valve would turn on and off fairly rapidly
(possibly several times each hour) without any effective cooling
of the fuel resulting.
3) There is also a minimum allowable LN? flow rate which is required
to maintain the bulk fuel temperature above 210°R if a constant control
temperature of 190°R is maintained. This rate is about 175 Ib/hr.
With OF2, the cooling capacity is insufficient to cause freezing and there is
no freezing problem with helium. It should be noted that it is not clear whether local
freezing on the coil is objectionable. On refrigeration coils operating in the air, local
freezing of atmospheric vapor is undesirable since the frost formed may be fluffy and
act as an insulator. Whether or not freezing of B,H, would be objectionable for the same
reason depends on the magnitude of the thermal conduction of the "ice" compared to
the film coefficient on the outside of the "ice. "
In addition to the problem of ice which reduces fuel cooling coil efficiency,
there is the possible problem of loose ice flowing into the propulsion system upon
engine operation. This is not a serious problem. If the LNo is turned off while the
bulk temperature is still above 210°R, any ice formed will melt within hours. Only
if the bulk fuel temperature is very near the freezing point and/or a very large quan-
tity (tens of pounds) of ice has been formed will more than a few hours be required
to melt the ice. This characteristic, however, may be an important consideration
when the time of first engine firing is scheduled.
This problem of freezing could be overcome by reducing the size of the cooling
coil. However, such a size reduction also reduces the capability of accommodating
unusually large heating loads which might occur in an emergency such as insulation
failure. As will be indicated below, the present design is well suited to handle such
emergencies and, considering the chemical characteristics of the propellants, it is
wise to retain this emergency capability.
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There is one point which must be given serious thought and planning. As will
be shown later, there are distinct advantages in launching with all fluids at their
minimum temperatures. But using a purely automatic system will result in all the
fluid tanks thermally cycling at different frequencies (Figure 5. 1 -23). It would be
difficult therefore, to assure that all temperatures are at their minimum at the time
of launch. This problem may be overcome two ways, each requiring a manual override
in the thermal control system. The most obvious way is to include in the launch
count-down a step for initiating a 'last cooling" sequence for each tank. The coolant
to each tank would be turned on at a time such that, given the cooling characteristics
of that tank, it will just reach its lowest temperature at the time of launch. A second
way to handle the problem is to lower the upper control temperature limits to very
near the minimum allowable temperatures. This would waste LN,, but could be done
48 hours prior to launch to reduce waste.
The discussion heretofore is applicable regardless of location of the coils
within the tanks provided the coils are submerged. But, if it becomes necessary to
locate the coils near the bottom of the propellant tanks in order to accommodate require-
ments established by the propellant acquisition devices, the average temperature of
an entire tank will be somewhat higher. This is because cooling near the tank top
aids in setting up natural convection currents, whereas cooling at the bottom leads
to thermal stratification. An engineering estimate, based on the characteristics of
the propellants, indicates that the average propellant tank temperature will be raised
about 10 R if the coil is relocated from the top to the bottom.
Note that the above discussion applies to cooling coils formed into a helix. If for
reasons of propellant acquisition device design it becomes necessary to use a differently
shaped cooling coil, the above analysis may have to be repeated using different values
for the film coefficients, h and h..
о i
The capacity of the system (as analyzed) to accommodate variations in heat trans-
fer rates to the tanks is excellent. Such an increase would be caused by the following:
• Increase in outside film coefficient.
• Degradation of foam insulation.
• Failure of the insulation by separation from the tank(s).
The first cause is of little concern since its relative contribution to the overall
resistance to heat flow is minor compared to the resistance of the foam. For example,
a 500% increase in hQ results in only a 1°R increase in the propellant temperature.
By comparison, a 50%increase in the insulation conductivity, which is the same thing as
the insulation thickness halved, will result in an approximate 18 R temperature rise,
if the coolant flow rates are maintained constant. These characteristics are shown in
Figure 5. 1-24. Either of these variations is readily counteracted by slight changes in
the coolant flow rate.
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The extent to which increased heat transfer rates may be overridden by increased
coolant flow is indicated by Figure 5. 1-25. This figure gives the tank temperatures which
would result for varying coolant flow rates if an additional 2000 Btu/hr were added to
each tank. Recalling that the coolant coils can readily pass 1000 Ib/hr of LN? it can
be seen that a very sizable heat transfer rate increase can be accommodated.
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Figure 5. 1-25. Tank Temperature With 2000 Btu/Hr Heat Addition
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For an additional heat load of 2000 Btu/hr into a given tank, a major insulation
failure would have to occur. Reference 19 reported that the overall conductance of
an uninsulated, thin-walled (0. 5-in. ) metal tank containing LN_ varied from 0. 81 to
3. 53 Btu/ft -hr-°R as the outside wind velocity varied from 0 to 20 fps. These
experimental data were apparently obtained after some frost had collected on the out-
side surface. If it is assumed that the conductance is doubled in the absence of frost
and that the heat transfer properties of LN2 and the propellants under study are
similar, then a heat addition of 2000 Btu/hr could be experienced if approximately
1 ft of insulation were removed.
It should be realized that the results of Figure 5. 1-25 assumes that no propellant
vapor is formed or, if it is formed, it immediately condenses to form part of the
liquid bulk. As such, the results cannot be used if boiling without recondensing occurs.
The extent to which severe local boiling could not be handled can be determined only
by test.
One last point should be clarified: required insulation thickness. This point of the
discussion, -the insulation thickness, has been assumed to be 3/4-in. thick and have a
conductivity of 0.00625 Btu/ft2-hr-°R/ft. This is based primarily upon the considera-
tions discussed in Section 5. 1. 2. Since the conductivity is not accurately known it is
impossible to establish the minimum allowable thickness, and the tests discussed in
Section 5. I. 2 (TRW and North American Rockwell tests) must be relied on to establish
foam thickness. Those tests indicate that about 1/2 in. of foam would suffice for the
temperatures involved here. However, it appears prudent to use 3/4-in. thick foam (as
assumed) because it is definitely known that 3/4-in. foam will hold up mechanically as
well as provide sufficient thermal resistance. Even if the conductivity is twice as high,
Figure 5. 1-24 shows that an unmanageable propellant temperature rise will not result.
Figure 5. 1-24 also shows that 3/4-in. foam will make the system relatively insensitive
to variations in the external film coefficient, that is, insensitive to external wind con-
ditions. This is because the resistance of the foam is large compared to the film coeffi-
cient for normal ranges of the film coefficient. The overall conductance U is given by
Assuming k/£ - 0. 01 (k = 0. 0075 and t - 3/4 in. ), it can be seen that h plays a minor
role unless it is less than 0. 25. Yet h is larger than 0. 50 for natural convection in this
case.
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5. 2 FLIGHT THERMAL CONTROL ANALYSIS
Flight thermal control was investigated in greater detail. Initially, generalized
boundary condition calculations were made to establish the controlling parameters and
their interrelationships. From this information, basic thermal control systems were
postulated and analyzed. Ultimately, the module in its final configuration was ther-
mally analyzed for all mission conditions.
5. 2. 1 Determination of Dominant Parameters
Initially, three basic thermal configurations were investigated (Reference 1). They
were (1) no insulation, (2) completely insulated propulsion compartment (the canister
concept), and (3) insulated propellant tanks. Simplified computer models (6 to 9 nodes)
of these configurations treated the propellant tanks as a composite unit and considered
only the RTG, payload, engine, insulation, and space as nodes. Later, these three
models were enlarged to the extent that a variable view factor between the RTG and
tanks was considered. Essentially, this change made it possible to establish the general
effects which could be realized by having a temperature-sensitive controller moderating
the radiation from the RTG to the propulsion assembly. Such a controller could be
either a semi-passive louver assembly or a hole in the insulation which allows a por-
tion of the tank surface to function as a radiator surface.
Though, these models did not represent real propulsion modules as such, they
did give insight into the overall flight thermal control problem.
Steady-State Operation
1) If no thermal barrier exists between the RTG and the propulsion
assembly, the RTG dominates the system even if the propulsion
assembly is not -insulated from space.
2) Heat transfer from the spacecraft to the propulsion module can vary
by 100% as the insulation configuration around the propulsion module
varies. Only when the propulsion module is at least partially insulated
from the RTG, however, does this source of heat become the control-
ling parameter.
3) Disregarding local temperature gradients and the temperatures of
smaller components, both passive and semi-passive control systems
will function satisfactorily for most, if not all, of a normal mission.
Transient Operation
1) Near earth, the large heat capacitance of the propellants («1000 Btu/°R)
makes it possible to absorb large quantities of heat for periods of tens
of hours.
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2) Just prior to the last burn during Jupiter orbit, the heat capacitance
is substantially reduced. However, since solar intensity is also re-
duced, long periods of direct solar radiation can be tolerated.
3) Because of the micrometeoroid shield and the heat capacitance of the
system, heat soak-back from the engine to the tank is of little consequence.
It was concluded that the controlling parameters are:
• RTG temperature and its view factor.
• Space view factor of the tanks.
• Propellant temperatures.
• Magnitude of solar radiation.
5. 2. 2 Feasible Flight Thermal Control Concepts
The general characteristics and dominant parameters from the simple analysis
(Section 5. 2. 1) were used to formulate more detailed computer models (12 to 20 nodes)
of four basic module configurations. The objective was to isolate the advantages and
disadvantages of the various components of each configuration.
In this manner, it was possible to formulate better thermal control concepts
comprised of the most promising parts of each of the configurations.
The basic configurations for which computer programs were developed were:
1) The same configuration shown in drawing SK 406298, but all module
insulation removed.
2) The same structural configuration but with the insulation in canister
form enclosing the entire propulsion system excluding the engine.
3) The configuration as shown in SK 406298.
4) Two-tank configuration (two tanks for each propellant) with canister
or separate tank insulation.
In all cases, surface emissivities, conductances, and other heat transfer control-
ling parameters were varied, within realistic limits, until a workable thermal control
system was ascertained. Then the effects on the module of semi-passive and passive
thermal control elements, variations in the RTG temperature, off-pointing angle, and
heat pulses were determined.
5. 2. 2. 1 Uninsulated, Single-Tank Configuration (No Solar Side Shielding By Spacecraft)
This configuration will function for the nominal mission conditions and, by
adjusting the surface emissivities properly, would be adaptable to other missions.
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Although this configuration is incompatible with groundhold requirements unless
insulation can be removed after launch, it does demonstrate certain characteristics.
First, from the information listed in Table 5. 2-1, it can be seen that this configuration
is not too sensitive to variations in spacecraft temperature since the spacecraft supplies
only 15% of the heat to the propulsion module; the remainder is supplied by RTG. Even
with relative large heat transfer rates from the RTG and assuming no circulation within
the propellant tanks, thermal gradients within and between the tanks are small.
This configuration also demonstrates that components other than the propellant
tanks can be made to operate at temperatures substantially independent of the propel-
lant tank temperatures provided there is a latitude as to making the component "see"
space and/or the RTG. This comment applies to the head-end of the engine as well
as such equipment as valves and regulators.
In theory this configuration functions satisfactorily with a purely passive system
(radiator surface insulation) except for sun off-pointing requirements during initial
mission phases. Therefore, the addition of a semi-passive controller (louver assembly)
can only be justified on the basis of either compensating for uncertainties in the thermal
control system or providing an ability to compensate for large off-pointing angles.
5. 2. 2. 2 Insulation Canister, Single-Tank Configuration
The most interesting aspect of this flight thermal control concept is the need for
a 2. 5 sq ft opening in the foam insulation, i. e. , a radiator surface. With this insulation
arrangement, side insulation attached directly to the bottom insulated surface of the space-
craft, approximately 67 Btu/hr are supplied to the propulsion module by the spacecraft
when spacecraft temperature is 610 R, Table 3. 2-1. Approximately two-thirds of this
heat is transferred directly to the module through the insulation separating the space-
craft and the module. As the spacecraft temperature drops to 310 R, this source of
heat disappears. If the RTG is insulated from the module, it cannot compensate for
this loss of heat and thus the propulsion system will drop below its allowable tempera-
ture limit.
This situation can be rectified by lessening the amount of heat transferred from
the variable source (spacecraft) compared to the heat transferred from the constant
source (RTG). This was accomplished by providing an opening in the insulation which
allows the RTG to radiate directly into the module. This approach, however, is not
the most efficient. The best approach minimizes variation in spacecraft-supplied
heat by using the RTG (as a heat source) to keep the spacecraft at or near constant
temperature.
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SINGLE т\мк CONFIGURATION
ONE. FUEL
Я£ OXIDI1ER
ONE. PRE5bUR\NT
SPACECRAFT AND SUPPORT STRUCTURES OMITTED FOR CU*lT4
NOTE& UNU5S OTHERWISE SPECIFIED
Table 5.2-1. Approximate Performance of Passive Flight
Thermal Control Configurations
System Variable
Fuel temperature
Near Earth
Near Jupiter
Thermal gradient
Oxidizer temperature
Near Earth
Near Jupiter
Thermal gradient
Helium temperature
Near Earth
Near Jupiter
Engine head temperature
Near Earth
Near Jupiter
Heat from spacecraft
Near Earth
Heat from RTG
Near Earth
Allowable steady-state heat addition
Near Earth
Allowable steady-state off -pointing
Near Earth
Configuration
Uninsulated
Tanks
228°R
220°R
<6°R
228°R
220°R
<12°R
269°R
267°R
221°R
221°R
25.2 Btu/hr
145 Btu/hr
201 Btu/hr
9.6°
Canister
276°R
229°R
<4°R
-
266°R
229°R
<4°R
258°R
219°R
1
280°R
278°R
67 Btu/hr
51 Btu/hr
250 Btu/hr
1.3°
Insulated
Tanks
252°R
220°R
<4°R
255°R
222°R
<4°R
253°R
250°R
255°R
254°R
24 Btu/hr
0 Btu/hr
37 Btu/hr
«0°
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Another aspect of the canister concept is that because of low heat transfer rates,
gradients within and between the propellant tanks are small -- less than 4°R. Also,
the canister appears superior in temperature control of smaller propulsion components.
Components located within the foam canister will exhibit fairly constant temperatures
except during the periods following engine shut-down.
The passive configuration will function satisfactorily provided off-pointing is
minimal. The addition of a semi-passive element, a louver located in the foam
insulation opening, improves the thermal control system's capability during off-
pointing periods.
5. 2. 2. 3 Insulated Tanks, Single-Tank Configuration
The thermal characteristics of this system (SK 406298) are similar to those
of the previously described system, In this case, however, the necessity for an
opening in the insulation is eliminated by preventing large quantities of heat from -
passing to the module from the spacecraft. This approach appears, as indicated
in Table 5. 2-1, as a reduction in the total heat transfer rate to the module from
118 Btu/hr for the canister configuration to 24 Btu/hr for the individually insulated
tank configuration.
5. 2. 2. 4 Two-Tank Configuration
Another configuration, SK 406295 of Section 4, was investigated to determine if,
or when, large thermal gradients occur between tanks. With two tanks for each pro-
pellant, the moderating source of heat, the RTG, is not symmetrically Located with
respect to the four tanks. As was expected, large gradients will occur between tanks
if the RTG does not view the tanks symmetrically, or if all tanks do not view space
equally. For example, if a canister configuration with a 2. 5 sq ft opening is employed
similar to the one described in Section 5. 2. 2. 2, a temperature gradient as high as
29 R can be expected. If special conduction heat paths are provided, this value is
reduced. 'A copper conductor, 0. 1 x 2 x 4 in. long, interconnecting the tanks will
reduce the gradient to about 18 R. However, local gradients will still be large. There-
fore, even though propellant temperature limits can be maintained by this system, this
configuration is undesirable for the propulsion subsystem because of the gradients.
5. 2. 2. 5 Effects of Non-normal Operation
The effects of three operational deviations on each of the three basic configura-
tions were considered:
• Steady-state off-pointing angle.
• Heat pulses to propulsion module.
• Variations in RTG temperature.
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Steady-State Off-Pointing Angle
Wben the off-pointing angle deviates from zero, the propulsion module receives
solar radiation. The amount of radiation depends upon the shape of the spacecraft,
the solar intensity (days since launch), and absorptivity of the exposed surface.
The allowable steady-state off-pointing angle was determined with the aid of computer
programs. Varying amounts of heat were added to those nodes which would "see"
the sun if the module were rotated to expose the side opposite the RTG to the sun.
The quantity of heat was increased until some component of the module exceeded its
allowable temperature. This critical heat flow rate was translated into a comparable
off-pointing angle by considering the sun's intensity, the size of the exposed area, and
the exposed area's solar absorptivity.
The results of this analysis for the three basic passive systems are listed
in the last two lines of Table 5. 2-1. With bare tanks, a fairly large off-pointing
angle can be tolerated because the total heat balance at the tanks involves appreciably
larger quantities of heat and therefore the addition of some solar heating can more
readily be "absorbed" into the system.
There are three ways to increase the allowable steady-state off-pointing angle
without spacecraft modifications.
1) Design the thermal control system so that solar radiation remains a
small percentage of the total heat exchange occurring at the module.
This would include the use of silvered teflon.
2) Eliminate radiation from the RTG during periods of solar heating.
3) Provide a means of re-radiating to space the absorbed solar radiation.
The first item can be accomplished by providing openings in the insulation at
appropriate positions. The remaining items can only be accomplished by semi-
passive control elements.
The effect of adding a semi-passive thermal control element which can reduce
the heat from the RTG by 80% when the propellants overheat is indicated by Fig-
ure 5. 2-1. In addition to the previous generalized statements, these curves indicate
the desirability of designing the thermal control system so that the heating by the RTG
is large. It is also desirable to have some type of insulation on the sun-exposed side
of the module. With insulation, heating by the RTG remains large compared to solar
heating. For these reasons, the semi-passive canister system is a radical improvement.
As indicated by Item 3, the accommodation of even larger off-pointing angles
earlier in the mission is improved by using a second semi-passive controller which
increases the radiation of the propellants to space as the temperature of the module
increases. This controller must not view the RTG however, and, to limit absorbed
solar radiation, the controller radiator should have a low solar absorptivity (second
surface mirrors).
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Figure 5. 2-1. Approximate Allowable Steady State Off-Pointing Angle During Mission
Heat Pulses to the Propulsion Module
The above discussion applies to steady-state heat addition to the module. From
the transient analysis for fully loaded tanks, discussed in Section 5. 1, it may be re-
called that heat additions of 2000 Btu/hr cause the tanks temperature to rise about
2 R per hour. Thus sizable heat pulses to the propellant tanks can be managed. If
the tanks are well-insulated only a small fraction (approximately 7%) of energy reach-
ing the insulation is passed to the tanks; the remainder is re-radiated to space. Thus,
a well-insulated system is desirable for all areas exposed to extended strong solar
heating.
Variation in the RTG Temperature
The last non-normal operating condition investigated during this phase was varia-
tion of the RTG temperature. Only steady-state solutions for the three basic passive
systems were obtained. The results are shown in Figure 5. 2-2. The effect of RTG
temperature variations (as indicated by the slopes of the curves) is about the same for
all configurations. Of course, large variations in the RTG temperature can be accom-
modated if a semi-passive controller between the RTG and the module were employed.
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5. 2. 2. 6 Selecting Acceptable Flight Thermal Control Concepts
The results of this analysis described above show that, within presently
established mission constraints, flight thermal control system is not a critical design
issue. The flight thermal control system can be based on insulated or uninsulated
tanks. If insulation is used, it can be either foam or multilayer and applied to each
tank individually or structured into a canister which encapsulates the entire module.
Analysis results also indicate that special thermal control components (i. e. ,
louvers or radiator surfaces) are not needed, but that their use materially enhances
the thermal control system's capability in proper temperature maintenance during
periods of substantial mission deviation.
Table 5.2-2 is a summary of these acceptable flight thermal control components.
The flight thermal control preferred items are as follows.
Insulated as opposed to unins,ulated tanks are best if the insulation design allows
substantial module heating by the RTG or if a temperature control component (radiator
surface or louver) is used, since such an arrangement withstands greater variations in
external heating loads. Multilayer, aluminized Mylar in canister form is preferable
since more flight experience and data concerning its performance is available. Also
equipment (values, tubes, etc. ) can be packaged inside the insulation canister where
the temperature is controlled. Two sets of louvers, one set facing the RTG and one
facing away from the RTG, makes possible accommodation of wide external heating
variations.
Table 5. 2-2. Acceptable Components for Flight Thermal Control System
Insulation
Porous foam
Non-porous foam
*Multilayer Mylar
None
Insulation
Configuration
Individual tank
*Canister
Temperature Con-
trol Component
Louver (semi-
passive
Radiator (passive)
None (passive)
Temperature Control
Component Location
Exposed to RTG and
space
Exposed to space only
Notes: 1. Two-tank module configuration (two tanks for each propellant)
is unacceptable for flight thermal control.
2. No insulation is unacceptable for groundhold thermal control.
3. Asterisks indicate preferable items from the standpoint of
flight thermal control.
In conclusion, the flight thermal control concepts chosen for close study consisted
of canister or individual tank insulation system with either louver or radiator surface
temperature control.
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5. 2. 3 Analyzing Selected Flight Thermal Control Concepts
In this phase of the study detailed heat transfer computer models of the propulsion
modules under study were formulated and with these models the thermal characteristics
of the modules during the mission phases were determined. The results were compared
with the requirements established by propulsion considerations, Sections 4 and 6. If
the thermal requirements were not met, changes compatible with the module structural
design and groundhold requirements were devised, provided such changes could be easily
accomplished. Then, a new analysis verified the characteristics of the revised system.
All acceptable flight thermal control concepts were considered, but only two heat
transfer models were formulated since minor changes to the models can be made to
account for changes in insulation and the presence or absence of louvers and radiator
surfaces. One model represented a propulsion system as shown in Drawing SK 406622,
but it was assumed that the insulation encapsulated all three tanks and the thrust struc-
ture into one large compartment. The second model, referred to as the individual tank
insulation configuration or single-wrapped insulation system, represented the system
shown in drawing SK 406624.
In both models, sufficient thermal nodes (68) were used to determine the major
thermal characteristics and localized problem areas of the system. Figure 5. 2-3
indicates the nodal arrangement of the canister model insulation. Other information
concerning the models follows.
Fluid Tanks — Each tank was divided into three nodes and no internal
convection was assumed. Also, thermal resistance of the tank walls
was disregarded.
Louvers — It was assumed that inward-facing louvers are installed, one on
the +X side of the module facing the RTG and one on the -X side. Inward
facing louvers (louvers in which the blades "see" the inside of the craft
and a radiator plate covered with second surface mirrors which "sees"
outside the craft) were chosen to accommodate direct sunlight on the
louvers. It was also assumed that the louvers would be actuated over
a 25°R range as indicated in Figure 5. 2-4.
When only radiator surfaces were considered in the analysis, the curves of
Figure 5. 2-4 were assumed flat at an internal effective emittance of 0. 7.
Engine — The engine was divided into three sections: bell, throat, and
head-end. The head-end was assumed to include most of the combustion
chamber, the injector, and the valve assembly.
Meteoroid Shield — For the canister configuration, the meteoroid shield
was assumed to be a portion of the lower sections of insulation (nodes 28,
30, 32, and 34 of Figure 5. 2-3). For the single-wrapped configuration,
the meteoroid shield was assumed to be separate from the insulation and
located as shown in drawing SK 406624.
Spacecraft — It was assumed that the electronics package of the space-
craft shades the propulsion module at 0° off-pointing and that the outside
of the lower bulkhead of the electronic package is covered with a multi-
layer, aluminized Mylar blanket. The five spacecraft supports, however,
attach directly to the spacecraft. From the standpoint of the propulsion
module, this is the most severe assumption. The electronics package
temperature was assumed to be normally 550°R. A temperature of 49QQR
was assumed when analyzing a malfunction cold case (RTG at 760°R).
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The appropriate conductances between the various nodes were calculated and,
where possible, compared with applicable experimental data. Radiation view factors
between the various nodes were, to a large extent, determined by readings taken with
a form factometer on quarter and third scale models of the module. Where possible,
these values were also checked against analytically determined view factors. The view
factors of all internal equipment were entered into a diffuse gray script F program,
Reference 19, and "9A" values between all internal surfaces were obtained. These
values were used in the SINDA thermal analysis program. For a more detailed descrip-
tion of the computer programs, consult References 20 and 17.
5. 2. 3. 1 Analysis of Canister Insulation System
The three conditions considered in this analysis were near Earth and near Jupiter
with a normally operating spacecraft, and near Jupiter with a relatively cold RTG and
electronics package. In the first case, module orientation was assumed to be such that
the sun vector makes a 20 angle with the -Z axis in the Y - Z plane. This is in
conformance with the normal mission profile as given in Section 2. Also, only steady-
state conditions were assumed.
The module temperatures, as determined by this analysis for the case of 2 sq ft
of louvers facing in both the +X and -X direction, are given in Table 5. 2-3. Four major
conclusions can be drawn from the data:
• Module temperatures are properly controlled without special surface
preparation (i. e. normal emissivity of the surfaces is adequate for
- thermal control).
• Thermal temperature differentials within propellant tank are small.
9 Temperature differentials within the insulation enclosure are small.
e The propellant temperatures do not vary appreciably as the module
moves away from Earth.
e The temperature of the head-end of the engine (which is assumed to
contain the main propellant valves) can be controlled by adjusting
the view factor of the bell to the RTG.
The data also shows that, during the steady-state conditions of the mission,
the thermal control system operates as a totally passive system provided the RTG
does not vary appreciably. This is shown by the fact that both louvers remained
closed during the mission. Thus, the louvers could be replaced by a radiator surface.
It can also be seen that the degree of thermal control with non-operable louvers is
very good, a variation of less than 10 R.
Only when the RTG varies appreciably from its nominal operating temperature is
there a need for operating louvers. For the configuration shown, the +X louvers were
required to open only 68% to maintain required module temperature limits as the RTG
dropped to 760 R. In addition, by changing the surface emissivity properties of the
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insulation (slightly lowering the outside surface emissivity of all insulation which does
not "see" the RTG) so that under normal RTG operating conditions,the module operates
at approximately 280°R, the louvers will not operate until the RTG drops below 780°R.
Table 5. 2-3. Canister Insulation System, Steady-State Temperatures
Temperature °R Temperature °R
Component Condition 1 Condition 2
в2н6, -x
B..H.,, center
<L b
B2H6' +Y
OF , -X
OF?, center
OF , +X
Helium
Engine bell
Engine throat
Engine head
B ? H/, pres. panel
OF.,, pres. panel
+X Louver
-X Louver
Condition 1
254
254
256
252
255
258
251
216
219
220
205
210
Closed
Closed
Near Earth
245
246
247
243
246
249
243
216
218
219
203
204
Closed
Closed
Temperature °R
Condition 3
219
220
220
215
218
219
214
178
186
187
185
185
68% open
Closed
20 Off -pointing sun angle
960°R RTG
Condition 2
•
Condition 3
550°R Electronics
Near Jupiter
960°R RTG
550°R Electronics
Near Jupiter
760°R RTG
490°R Electronics
package
package
package
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It should be clearly understood that the thermal configuration represented in this
analysis is not the only successful canister insulation system which could be devised.
This particular configuration was adjusted to accommodate an insulation system having
a k/0 of 0. 01 and, where possible, the natural surface finishes of the equipment were
assumed. However, the configuration could have easily been adjusted to accommodate
a low emittance insulation having the same or different k/£. Radiators could even be
eliminated. Only if it were desirous to accommodate substantial variations in the mis-
sion, or variations in the RTG operating temperature, would the design become severely
restrained or require semi-passive thermal controllers. The reason for this is as
follows.
Assuming no insulation around the module and no solar radiation, the only source
of heat is from the spacecraft and/or the RTG. By design, the heat from the space-
craft is minimal, about 20 Btu/hr, and this source of heat will not vary substantially
since the electronics package is relatively constant in temperature. By contrast the
RTG can be made to supply as much as 0 to 18 Btu/hr to the propellant tanks for each
square foot which faces the RTG. Thus, it is possible to control the module at a rela-
tively high temperature by letting a large tank surface area "see" the RTG and by mini-
mizing the tank surface area which "sees" space. It is also possible to force the module
to a relatively low temperature by blocking the module's view of the RTG and maximiz-
ing the view to space. The very same reasoning holds for a partially or fully insulated
propulsion module, but the absolute level of heat transfer rate is reduced. All that is
required is to balance the heat supplied by the RTG against that which is radiated to
space.
This reasoning is valid in all cases in which the sources and sinks of heat for the
module are effectively constant (if no single source or sink becomes totally dominant).
For example, allowing the sun to radiate a completely uninsulated side of the propulsion
module will prove disastrous, since eliminating the radiation from the RTG and allowing
the remaining module heat to radiate to space will not compensate for the large solar
heat flux. If, however, insulation is placed on the side exposed to the sun, the radiation
from the RTG is eliminated by shielding, and the remainder of the module is allowed to
radiate directly to space, module temperature can be forced to remain below 180 R.
To repeat, the availability of space as a constant temperature moderating heat
sink, and the RTG as a constant temperature moderating heat source, makes it possible
to devise a variety of passive thermal control systems if there are no variable heat
sources or sinks. Therefore, placement of the relatively constant temperature elec-
tronics package directly on top of the module, instead of a varying temperature com-
ponent (such as the antenna), is a real advantage. The electronics package acts as a
small constant heat source, whereas the antenna varies 300 R in temperature and
would be a significant variable heat source for the module.
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If it becomes necessary to adjust for substantially varying heat rates from the
RTG during flight (varying RTG temperature) or varying solar heat loads (mission
variation), the above reasoning is invalid. It is necessary to compensate for varying
heating loads as they occur. If the system were designed for the condition of no solar
radiation and heating occurred, the RTG heating would have to be "reduced, or space
cooling would have to be increased. In either case, a semi-passive element would be
required to compensate for an amount equal to the new load.
This analysis shows that nothing is gained or sacrificed by changing the structural
configuration based on flight thermal control. Since all parts enclosed in insulation
function as a single isothermal body; shifting of components or tanks has little effect.
5. 2. 3. 2 Analysis of Individually Insulated Tanks
The major condition investigated by computer program was near earth with the
spacecraft at a 20 off-pointing sun angle.
Table 5. 2-4 lists the steady-state temperatures of this configuration near earth
(condition 1). The system as assumed was not a totally passive system initially, since
the louvers for venting heat to space had to be slightly opened. To make the module
totally passive, adjustment of the surface emissivity of several frame surfaces slightly
upward and reduction of the emissivity of the RTG slightly downward (from the assumed
value of 0. 8) was necessary. Also, to maintain the pressure panels within desired
(though not required) temperature levels, a substantial amount of special insulation must
be installed around the panels. This leads to several points related to the consequences
of insulating the tanks separately as opposed to enclosing the propulsion system and
most of the module hardware within the insulation.
From the standpoint of the propellant tanks only, there is little difference between
the two systems. In either case, the propellants can be easily maintained within tem-
perature limits. With the canister system, there is a distinct tendency to experience
a lower thermal gradient between the two propellants than when the tanks are separately
insulated. But the gradient is small. Insulating the tanks individually predominately
affects the helium tank and the small propulsion subassemblies (such as the pressurant
panels). When these elements and propellant tanks are insulated in a canister, their
temperatures are essentially dictated by propellant temperatures. Exclusion of these
elements from the influence of propellant tanks means that thermal control for each
element must be provided.
Thermal control for each element can be provided, just as for the propellant
tanks, by balancing the heat gained from the RTG against the heat lost to space. How-
ever, this process applied to components is more difficult and the results less reliable
because the heat paths are less definable. For example, the uninsulated B?H, pres-
surant panel (as shown on drawing SK 406624) will reach a steady-state temperature of
311°R, Table 5. 2-4. It is held at this temperature by four factors:
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Table 5.2-4. Individual Tank Insulation System
Steady-State Temperatures,
Near Earth
Component
B2H6' -X
B-H,, center
e. Ь
OF,, -X
OF,, center
OF2, +X
Helium
Engine bell
Engine throat
Engine head
B?H, , pressurant panel
OF?, pressurant panel
Insulation facing RTG, outside
Insulation facing space, outside
Main platform
+ Y actuator
+X actuator
Electronics package
RTG
+X louvers
-X louvers
Temperature R
261
262
263
259
264
268
262
225
222
222
311
419
319
160
284
239
218
520 (constant)
960 (constant)
Closed
« 90% closed
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1) The temperature of the -Y, +X corner of the main platform.
2) The relative magnitude of heat conduction through connecting
propellant lines, bolted joints, and thermal isolators.
3) The manner in which the insulation is placed around the panel.
4) The outside surface emissivity of the insulation.
By reducing the emissivity of that portion of the main platform which "sees" the
RTG from 0. 3 to 0. 1 and by increasing the emissivity of the remaining platform to 0. 8,
the main platform temperature will drop from 284°R to approximately 195°R. Depending
on the manner in which the panel is attached to the strut and the strut to the platform,
this could reflect as a drop in the pressurant panel temperature anywhere from 20 R
to 60 R. However, a calculation of the panel temperature would have an accuracy of
approximately ±20 R simply because the temperature is dependent upon a variety of
factors which can only be estimated. This problem does not exist when the panel is
insulated with the tanks, since the tanks are the controlling factor.
By properly insulating components and lines, however, they can be made to follow
tank temperatures fairly closely, and yet be separately insulated from the tanks. The
generalized arrangement (shown in Figure 5. 2-5) consists of a typical component
covered with multilayer, aluminized Mylar insulation mounted near the foam insulation
of a tank. Leading from the valve is a typical stainless steel tube (assumed to be
3/8 in. in diameter with a 0. 20-in. thick wall) also insulated with multilayer insulation.
Using the thermal model shown in Figure 5. 2-5,this configuration was analyzed for a
variety of tank temperatures, variations in heat addition to the multilayer insulation
(variations in exposure to the RTG and/or sun), and variations in the number of tubes
leading to the component. For this particular configuration, the results can be sum-
marized as follows:
« Depending on the exposure of the component insulation to radiation
from the RTG and/or sun, component temperature may vary ± 10°R
from the propellant temperature.
e For the case of no radiation to the component insulation, a 30°R
variation in the propellant temperature will cause a 24°R tempera-
ture change in the component.
• For no radiation heat addition to the tubing, the tube temperature
6 in. away from the component will be approximately 30°R colder
than the component and at 2 ft it will be 75°R colder than the component.
The configuration of Figure 5. 2-5 was chosen for analysis because it represents
the worst condition from the standpoint of the component. With the connecting tube
standing away from the tank, there is a tendency for the tube temperature to drop
drastically and thus pull down the component temperature. A more realistic approach
is to route all tubing adjacent to the tank insulations or adjacent to the foam insulation
which covers the conductive paths between the propellant tanks and the helium tank and
then to cover-it with multilayer insulation. In this manner, all tubing (except for
one section) inherently follows the propellant or helium temperature.
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Figure 5. 2-5. Schematic for Component Analysis
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The flexible propellant tubing above the bipropellant valve has to be controlled
by other means. Regardless of the insulation configuration, this tubing will have to
be separately insulated and positioned away from the helium tank for at least 1 foot. To
ensure that this section of line will not get too cold or hot, the configuration of
Figure 5. 2-5 was again analyzed, but node 9 was held constant at 250 R. This gives
a fair simulation of a constant temperature bipropellant valve with 2 ft of free standing
line. With this arrangement, the minimum tube temperature was 220 R, maximum
275 R. Reducing the span of free standing line to 1 ft, the maximum differential
between the tube and valve will be 3 R. Thus, it is possible to maintain separately
insulated components and propellant feedlines within proper limits.
This analysis was based on an assumed kX£of 0. 02 and 0. 008 Btu-ft/ft -hr-°R
for foam and multilayer insulation, respectively. From available data, the k/J? for
foam will not be smaller than this value and could be as large as 0.1. However, from
the standpoint of maintaining a component temperature near the propellant tempera-
ture, the higher the conductivity of the foam, the better component thermal control.
In addition, work at TRW shows that the k/1 for multilayer insulation at these
temperatures will be near 0. 0015 (Reference 21).
5. 2. 3. 3 Repositioning the Helium Tank
In connection with the individual tank insulation configuration, the effect of
transferring the helium tank from below to above the propellant tanks was studied.
However, this transferral cannot be discussed without considering the thermal control
of the helium tank.
Varying the geometrical arrangement of the tanks and structure has no appre-
ciable effect upon the thermal operation of a canister insulation system (structure
and helium tank insulated with the propellant tanks). In such a situation all the insu-
lated components function essentially as a single isothermal body. Changing their
positions within the insulation will not change this fact. Depending on the changes
made, varying the module arrangement will appreciably effect the thermal charac- I
teristics of the module with the individually insulated tanks.
If the helium tank is thermally isolated from the propellant tanks, helium tank
thermal control must also be accomplished by balancing the heat Иолу to and from the
tank. This is more difficult with the helium tank than the propellant tanks because it can-
not "see" space or the RTG too well. If desired, the heat path from the main frame to
the helium tank can be the controlling parameter. With such a design, the platform
can be used to control the helium tank temperature during normal flight conditions
by controlling frame temperature. This, in turn, can be done by adjusting the plat-
form's emissivity (with tapes and paint) and by altering its view of the RTG. But
this does not accommodate temporary mission variations since heat capacitance of
the helium tank-frame system is still small.
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However, the platform, or certain members of the platform, can be used as
high conductance heat paths between the propellant tanks and the helium tank by
changing the material of certain key members. Thermally coupling the helium with
the propellants via the platform will require insulation on the engaged platform members.
The advantage of coupling the helium tank to the propellant tankslis appreciable.
First, the overall stability and reliability of the flight thermal control system is
enhanced because the helium temperature is near, but slightly higher than, the
propellant temperatures. Second, the need for a semi-passive controller on the
helium tank to aid in compensating for mission variations is reduced. Third, the
heat capacitance of the helium tank — propellant tanks system, is high so that large
mission perturbations can be accommodated for extended periods.
Using this method to control helium temperature, from a purely thermal stand-
point, makes the location of the main platform (above or below the propellant tanks)
unimportant; but the platform must be located between the helium and propellant tanks.
Since locating the platform and helium tank above the propellant tanks results in a
heavier module (see Section 4) and since there is no thermal advantage regardless of
insulation configuration, the general layout (helium tank positioned below the pro-
pellant tanks) should be retained.
5. 2. 3. 4 Requirements to Remove and Vent the Insulation
Regardless of which general insulation configuration is chosen, sections of the
insulation must be removed shortly after launch. Although the tanks must be com-
pletely insulated during groundhold, flight thermal control requires either radiating
surfaces or louvers (which require openings in the insulation).
Louvers present a severe problem. Louvers mounted on the tanks, for example,
trap air between the tank wall and the insulation which lies over the top of the louver.
This trapped air contracts during chill down or tanking of the propellants. Atmospheric
pressure will crush the insulation against the louvers. At launch, the trapped air
must be vented or the insulation will rupture and the louvers may be blown off. This
means thaf the protective cover of insulation which must be sealed against atmospheric
water vapor during groundhold must also "breathe. "
A sophisticated insulation cover which fulfills this requirement was devised
(Reference 9). Basically, it consists of porous foam insulation covered by a loose-
fitting plastic diaphragm. As the porous insulation "breathes" in and out during
grounhold, the plastic diaphragm inflates and deflates as necessary.
If a radiator surface is used, however, no air is trapped beneath the removable
protective insulation. Therefore no provision for breathing must be provided. The
protective cover of insulation may be removed in small sections at the time of shroud
jettison by employing lines running from the shroud to the removable insulation. This
approach also has the advantage of permanently removing the insulation from the
module vicinity.
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5. 2. 4 Selecting the Flight Thermal Control Concept
It is difficult to designate a single thermal control concept as best for thermal
control purposes because all concepts will function properly. The only definite require-
ments imposed by flight thermal control is that the tanks be insulated and that the
helium tank be coupled via the frame to the propellant tanks.
The problems associated with controlling component equipment temperature are
somewhat reduced when a canister insulation system is used. But when it is realized
that the engine, bipropellant valves, and some of the lead plumbing must be outside the
main insulation regardless of insulation configuration, part of the reasons for a canister
insulation system disappears.
There are two very distinct advantages in choosing an individual tank insulation
system. First, the design requires a micrometeoroid shield which stands away from
the tank insulation. This provides a very effective sun shield for the propellants in the
event the craft 's engine is oriented towards the sun. Secondly, the canister insulation
system is inherently less reliable. Structural members must pass through the flat
sides of the canister and the possibilities of breakage during launch is high.
The choice of insulation type, porous foam, non-porous foam, or multilayer insu-
lation, is immaterial to flight thermal control. The groundhold thermal control require-
ment for non-porous foam is completely acceptable for flight thermal control. There
would be a real advantage if the foam were covered with second surface silvered
Teflon since it would materially reduce the amount of solar radiation absorbed.
A passive control system using radiators is recommended over a semi-passive
control system using louvers. A radiator-controlled system will maintain module
temperatures within required limits. Although, louvers extend thermal control system
capability and their added weight (approximately 8 Ib) is not sufficient to disqualify them,
a very sophisticated insulated louver cover (removable after launch) is required for
frost prevention during groundhold. This cover, mentioned in Section 4 and discussed
in detail in Reference 9, is susceptible to malfunction. This disadvantage outweighs
the performance advantage of the louvers. To summarize, the recommended flight
thermal control concept consists of the following:
1) One tank for each propellant.
2) A single helium tank located below the propellant tanks, thermally
connected to the propellant tanks by a conducting frame.
3) Non-porous insulation applied to each individual tank and covering
the conductive members which connect the helium tank to the
propellant tanks.
4) Radiating surfaces located on both the +X and -X side of each pro-
pellant tank. These areas consist of openings in tank insulation
which allow second surface silvered mirrors attached to the
tank walls to view space.
5) All sun exposed surfaces, except radiator surfaces and heated
engine parts will be covered with second surface, silvered Teflon.
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6) All auxiliary propulsion equipment, warm during groundhold but which
must be cold and thermally controlled during night, should be posi-
tioned against the tanks' foam insulation (Figure 4. 1-3) and be
covered with multilayer insulation.
5.2.5 Thermal Performance During Flight
The in-depth flight analysis for the propulsion module in its final configuration
covers more than module thermal performance on this particular mission. A second
objective was to determine general operating characteristics applicable to other
vehicles having similar missions.
Two assumptions contrary to t'^e module configuration were made:
1) It was assumed that the module has a small sun shield, Figure 5.2-S,
instead of the standard shield 10 ft in diameter. This assumption
made it easier to ascertain the effects of variations in solar heating
regardless of the cause of the variations.
2) To ascertain the operational characteristics of both a louver and
a radiator-controlled module it was assumed that the module has
louvers in lieu of radiator surfaces. (Radiator is a special louver
with constant emissivity).
Computer Program
The computer program used in analyzing the flight thermal performance was
similar to that used for groundhold thermal control analysis, Section 5. 1.6. 1.
Reference 17 describes in detail the program constants and its format. The program
consisted of 168 nodes and the following provisions were incorporated into the program:
о All nodes representing exterior parts of the module radiated to a
0°R black body.
о Nodes were added for the louvers (or radiating surfaces).
о The RTG was assumed to be in its deployed position.
о Radiation effects of spacecraft experimental packages were
not considered.
о Only conductive heat transfer within the tanks was considered.
5.2.5.1 Effects of Solar Radiation and Off-Pointing Angle
The first variables investigated were solar radiation and off-pointing angle. The
effect of these two items are presented in Figure 5.2-6. In this plot, the effects of con-
stant, but different, solar intensities and/or off-pointing angles are accounted for in
the abscissa where G is the solar radiation intensity at any time during the mission
and G is the solar constant at 1 AJLJ. (430 Btu/ft -hr). For example, at a distance
of 2 AU where the solar intensity is roughly 100 Btu/ft -hr, the average fuel tempera-
ture will be approximately 250 R if the off-pointing angle is held constant at 30 .
The curves of Figure 5.2-6 are applicable only to the extent that solar heating
is a continuous function of the off-pointing angle. If a shield were present such that
a given component were shielded from the sun for a quantum of off-pointing and then
became exposed to the sun for increased off-pointing angles, the effects of both G and G
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Figure 5.2-6. Steady-State Temperatures for Varying Solar Radiation;
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could not be combined into the single function G sin 9/G . For the case in which a0
 max
small shield is assumed, this criteria is effectively met. Four points should be
noted from these curves.
1) Steady-state operation in the shade, either 0° off-pointing angle or
in the shade of Jupiter, will result in major component temperatures
of approximately Z25°R.
2) For radiation from the +X or -X side, the helium and propellant tempera-
ture differentials remain small.
3) The propellant valve responds to solar radiation much more readily than
the propellants and helium.
4) The valve responds differently because it is coupled with the engine bell,
and its temperature is controlled by the engine bell temperature.
Because of these characteristics, it is apparent that the orientation which could be
accommodated with an abbreviated shield, that is, the amount of solar radiation that
is allowable, is determined by the propellants, particularly the OF,. However, the
tendency of the valve to run hot might dictate that certain maneuvers be made prior to
engine start in order to drop the valve temperature. If, during the initial stages of the
mission when the sun intensity is high, the craft were to be oriented such that the rela-
tive solar intensity were about 0.2, the propellant temperatures would be within limits,
but the valve temperature would be too high. Therefore, if an engine start were
attempted at such a time, either the off-pointing angle would have to be reduced long
enough to allow the valve to cool or a "hot" start would have to be made. Of course,
the valve temperature will be near the propellant temperature within a short time after
propellant flow is initiated.
Similar data exists for the propellant feedlines, the insulation valves, and the
helium control panel. Except for those portions of the two propellant feedlines adjacent
to the bipropellant valve, the temperature of these two lines will follow within 5 R of
the respective propellant tank temperature. Obviously, the ends of the lines which
attach to the main valve will follow the valve temperature.
As indicated in the groundhold discussion, the isolation valves located below each
tank may be as much as 20 R above the temperature of the tank to which it is attached
during groundhold. During flight, however, the heat transfer rates to these valves are
much smaller and consequently their temperatures follow the propellant tank tempera-
tures within 4 R.
The helium control panel temperature follows substantially the temperature of the
OF, tank but, because of its position and attachment method, it does fluctuate some-
what. If it receives no solar radiation, its temperature will be approximately 11 R
below the OF, tank temperature. But if the module were to be oriented such that the
-X side is exposed to solar radiation at a relative intensity of 0. 3, the helium panel
will exceed the OF? temperature by approximately 22 R.
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5.2.5.2 Transient Factors
By itself, Figure 5.2-6 does not give a total picture of module temperature
characteristics when an abbreviated shield is used, since it gives only quasi-steady-
state temperatures (i. e., it does not account for the heat capacitance of the module or
the varying nature of the solar heating).
The varying nature of solar heating is indicated in Figure 5.2-7. The solid curve
gives the relative solar radiation intensity on a black surface located in a Y-Z plane,
if it were to have the mission parameters given in Figures 2. 3-1 and 2. 3-2 (the normal
mission for this study). This curve shows that solar heating decreases rapidly and is
highly dependent upon the off-pointing angle. If no shading were provided, not even the
abbreviated shield, and the surface were constantly perpendicular to the solar rays,
the relative intensity would be as given by the dashed curve of Figure 5.2-7. A compari-
son of these two curves indicates the increase in solar heating which is caused by off-
pointing only when no side shielding is provided.
0.4,
0.3
BLACK SURFACE PERPENDICULAR
TO SUNfe RAYS
\
ASSUMPTIONS FOR SOLID CURVE
BLACK SURFACE IS IN A Z-Y PLANE.
OFF-POINTING ANGLE IS AS GIVEN IN
FIGURE 2.3-2.
THE SOLAR VECTOR IS ALWAYS IN THE
Z-X PLANE, THE +X SURFACE RECEIVES
THE RADIATION.
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100 200 300 400
DAYS FROM LAUNCH
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Figure 5.2-7. Relative Solar Heating Rate on a Black Surface
During Normal Mission
Using hand calculated data of solar heating (similar to that of Figure 5.2-7) for the
various components which receive solar heating during a normal mission with the abbre-
viated shield, a series of computer runs were made to ascertain the module temperature
characteristics during various phases of the mission. These runs established one point
which is extremely important to an understanding of the thermal analysis. That is,
except for those situations in which sudden changes take place, the results given in
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Figure 5.2-'. are correct. Stated differently, the environmental conditions surrounding
the craft change slowly enough that the module may be considered in a thermally
quasi-steady-state condition during all phases of the mission except for the following
four conditions:
1) Approximately the f irst 20 days after launch when the module is
adjusting to the flight environment.
2) Immediately after and d u r i n g a major module orientation maneuver
which shifts its position relative to the sun.
3) Upon entering or leaving the shadow of Jupiter.
4) During and after an engine firing.
The typical thermal response w h i c h can be expected immediately after launch is
given in Figures 5.2-8 and 5.2-9. Tbese results do not consider the effect of ascent
heating (or cooling), engine operation, or earth radiation and albedo. The ascent heat-
ing or cooling will have no effect upon t'^.e fluid temperatures since, in the extreme,
this phase lasts only a few minutes and, as shown in the groundhold analysis, the module
will not respond even to severe environmental changes in such a short interval. Also,
for a normal mission, earth effects are small and last for only one or two hours. Only
if the mission includes an extended period of time in a near earth orbit will earth effects
be appreciable.
If the mission did include an extended period of time in earth orbit, the effect would
be highly dependent upon the orientation of the craft. Т' е worst condition would occur
if the module were non-spinning and oriented in a 90 off-pointing angle. Since earth
2 2
emission is approximately 68 Btu/ft -hr and albedo is approximately 168 Btu/ft -hr,
it is obvious that module temperatures will rise towards unacceptable levels, >325°R.
Tbe best orientation would be in a 0 off-pointing angle. Here, the heating of the tanks
would be predominately due to earth emission since the tanks would be shadowed by the
aft shield from the albedo during those periods that the view of albedo is largest. And
of course, albedo heating occurs for only about half the orbit time for low altitude orbits
and it is small for high altitude orbits. These characteristics are shown in Figure 5.2-10.
A very conservative approximation of the tanks' equilibrium temperature during a
0° off-pointing earth orbit can be made by assuming that the tanks are exposed to a con-
stant heating load of half the albedo plus half the earth emission, or 118 Btu/ft -hr.
This is a relative solar intensity of 0.275 (118/430). From Figure 5.2-6, the equili-
brium temperature of the OF2 tank is indicated as 283°R, 3°R over the allowable limit.
A more rigorous solution would show a maximum temperature somewhat lower. In
addition, when the effects of the shadowing produced by the standard 10-ft diameter
shield are considered, the equilibrium temperature would be even lower.
Even a 0 off-pointing angle will result in an excessive bipropellant valve tempera-
ture if a low earth orbit is maintained, because the engine will receive a substantial
amount of heat from the earth.
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Figure 5.2-10. Sources of Module Heating While in Earth Orbit
Regardless of whether an extended time period is spent in an earth orbit, several
important points are demonstrated by the curves of Figures 5.2-8 and 5.2-9. First,
the assertion made previously that the curves of Figure 5.2-6 can be used in determin-
ing module temperatures during most of the mission because the environment is only
slowly changing is well demonstrated. Figure 5.2-7 shows that the relative intensity
at 20 days as 0.22. Using this value in Figure 5.2-6 to obtain the quasi-steady-state
temperatures results in temperatures very close to those given in Figure 5.2-8 at
20 days. The oxidizer temperature at 20 days is approximately 5 R below quasi-steady-
state and, from the temperature trend shown, it appears it will not reach equilibrium
until about day 22.
It is logical that the oxidizer should take longer to come to qua si-equilibrium since
it has a higher heat capacity, "We . In comparison, the bipropellant valve is in quasi-
equilibrium by day 6. The reason it does not come to quasi-equilibrium sooner is that
its quasi-equilibrium is directly dependent upon the engine.
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Figure 5.Z-9 shows that the very low heat capacity components will be in
qua si-equilibrium within one day.
Looking again at Figure 5.2-8, it will be noticed that the thermal histories of the
helium and propellants during the intial days after launch are highly dependent upon the
launch temperature. It is this characteristic which makes it possible to keep the pro-
pellants within the specified limits during the initial days of the normal mission if only
an abbreviated shield is used. The reason for this is as follows: If the module were-
launched with propellant and helium temperatures around 270 R to 280 R, the qua si-
equilibrium temperatures should be reached within four days. But at four days, the
relative sun intensity is sufficiently high to cause overheating of the OF». The point to
be gained from this is that to avoid propellant overheating, quasi-equilibrium must be
delayed until about day 14 or sun shielding must be provided. The necessary delay can
be accomplished either by launching with cold propellants or reducing the off-pointing
angle during the first 13 days. But, as will be shown later, the standard design pro-
vides sufficient shielding to eliminate this problem.
Figure 5.2-7 and Figures 5.2-8 and 5.2-9 also show that with only the abbreviated
shielding the engine firing may not be initiated within the first 33 days without first
orienting in such a manner as to cool the bipropellant valve unless firing with a hot valve
is permissible. The requirements of such a pre-firing maneuver is dependent upon the
time of firing and the required orientation at time of firing.
Figure 5.2-11 shows the typical thermal response of the module if it were to move
from a 0° off-pointing angle to a 90° off-pointing angle in 15 minutes, stay at 90° for
34 hours and then move back to a 0° angle in 5 minutes. As should be expected, the
valve readily responds to the solar radiation; the fuel very slowly. The oxidizer, having
a higher heat capacitance, responds more slowly than does the fuel.
Applying this data, it is possible to see that if an engine firing were to be made on
the seventh day when the valve is 307°R, the craft would first have to be maneuvered
to 0 off-pointing and held in that position for approximately 11 or 12 hours in order to
reduce the valve temperature to 280 R (the maximum temperature limit for the oxidizer).
Even if the craft were launched into a 0 off-pointing position and held there, Figure 5.2-12
shows that it would be approximately two days before the valve temperature would
descend to 280°R.
There may be one way to decrease the valve temperature when the engine is
exposed to solar radiation: coat the engine surfaces which "see" the sun with a material
having a low a 1« . However, it would be necessary that the material burn off after the
first burn; otherwise the valve would be too cold for the next firing. The disadvantage
of such an approach is that if the off-pointing which occurs prior to the first burn is not
sufficient the valve would then be too cold at the time of the first firing.
Figure 5.2-11 is for the specific case of 90° off-pointing near earth, with full
tanks. If the tanks are only partially filled, the response rate at any given tempera-
ture will be inversely proportional to the mass of the tanks. If the reorientation occurs
at a later date in the mission when the solar intensity is reduced, the response rate will
be reduced in proportion to the intensity reduction.
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NOTE: THESE CURVES ARE FOR FULL HELIUM AND PROPELLANT TANKS. FOR ONLY
PARTIALLY FILLED TANKS, THE RESPONSE RATE OF THE HELIUM AND PROPELLANTS
WOULD BE HIGHER, BUT THE BIPROPELLANT VALVE WOULD REMAIN UNALTERED.
Figure 5.2-11. Effect of Orienting from 0° Off-Pointing to 90° Off-Pointing
While Near Earth, 960°R RTG, Abbreviated Sun Shield
The ability to continuously accommodate solar intensities ranging from 0 to that
which exists near Earth necessarily includes variations which will be encountered while
in orbit around Jupiter. For the Jupiter orbit given (for normal mission), the effects
of Jupiter emission and albedo are negligible since the view factor of Jupiter is less
than 0. 05 and the Jupiter emission and albedo are only 2 Btu/ft -hr and 8 Btu/ft -hr
respectively. If, however, the orbit diameter around Jupiter were to be reduced so
the view factor of that planet increased to an appreciable value, say 0. 3, the module
temperatures could rise significantly. If the module were oriented with the -X side
always towards Jupiter, the temperature increase would be large since the module
would be presented with the warm'RTG on the +X side and relatively warm Jupiter
on the -X side.
The remaining normal mission transient condition to be discussed is the time
during engine firing. Data supplied to TRW Systems indicate that during steady-state
engine operation, the outside temperatures on the engine will be approximately as
given in Figure 5.2-13. However, for purposes of analysis, the entire bell (from the
throat to the exit) -was assumed to be at 260Q°R and the remainder of the engine was
assumed to be at 1000°R. It was assumed that during the firing the bipropellant valve
would be maintained at the propellant temperature because of the cooling effects of the
propellant flowing through it.
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Figure 5.2-12. Temperature History of Bipropellant Veuve Immediately
After Launch; 960° RTG. Abbreviated Sun Shield
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Figure 5.2-13. Outside Surface Temperature of Engine During Operation
As will be shown later in the propulsion system analysis, during an engine firing
the helium used for pressurization will drop in temperature about as indicated in Fig-
ure 5.2-14. Therefore, in the thermal analysis of the engine firing, the helium tempera-
ture was constrained to follow the curve of Figure 5. 2-14. It may be argued that this
approach is not adequate in that radiated and conducted heat from the engine during firing
may prevent the helium from dropping as far as indicated by Figure 5. 2-14. To establish
that the helium temperature is independent of the engine temperature at least during
firing, a computer run was made in which all parameters were as they are for a quasi-
steady-state analysis except the engine was assumed to be at 3000°R. The run showed
that the helium temperature did not noticeably respond to this perturbation for over an
hour. It was therefore concluded that the approach described above was justified.
The results of this portion of the analysis are shown in Figure 5. 2-15. As was
expected, the firing of the engine has only a small effect upon the propellant tempera-
tures, and its effect upon the helium temperature, other than through the helium con-
sumption process, is not severely large- A hand calculation reveals this characteristic
more clearly. For example, if it is grossly assumed that all the thermal energy con-
tained in the hot engine at shutdown is transferred directly into a half full B-H, tank,
the resulting temperature rise in the fuel tank is only 17 R.
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Figure 5.2-14. Helium Temperature Drop During Engine Firing
There are two areas which are affected, however. First, the aft shield reached
824°R. This is sufficiently warm to dictate that the multilayer insulation blanket which
rests against the shield be made of aluminized Kapton instead of aluminized Mylar.
The second affected area is the propellant feedlines. The valve temperature rises after
shutdown to approximately 596°R because of the heat soak-back from the engine. The
propellant feedlines will, in turn, rise in temperature. Consequently, propellant held
in the feedlines at shutdown will be boiled to a certain extent. A return relief line
which dumps the propellant vapor formed back into the tank is provided, but the extent
of this boiling process is unknown. The computer program does not consider this
problem at all, since to do so would require a detailed knowledge of transient boiling
heat transfer in zero gravity. A hand calculation which assumed that all the heat which
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caused the temperature rise in the lines at shutdown was instead used to vaporize
propellants indicated that approximately 0.05 Ib of B,H/ and 0.11 Ib of OF, would be
vaporized. How the system would function if these quantities of vapor were vented back
into the tanks is not known, but it appears it would be recondensed immediately unless
the entire propellant bulk were at the saturation temperature.
5.2.5.3 Effects of Sun Shielding
Up to this point, it has been necessary to eliminate the effects of solar shielding
as much as possible in order to discern the effects of other variables. Shielding effects
will now be considered.
In general, the presence of a surface near the module has two distinct effects. It
may prevent the module from being exposed to solar radiation (This depends on the
module orientation relative to the sun) and it reduces the module's view factor of space.
For the case of an abbreviated shield at the top of the module as in the previous discus-
sion, these effects are minimized. If an extended shield is incorporated into the module
design, the effects can be very substantial. Such is the situtation with the present
module design in which a 10-ft diameter flat shield is assumed at the spacecraft/module
interface. Where any off-pointing resulted in all the tanks, the engine and the frame
receiving solar radiation when the abbreviated shield was assumed, no solar radiation
is received by any of the module for off-pointing angles of up to 22 when the standard
shield is considered. In addition, for an off-pointing angle of 36° only the frame, helium
tank, and engine receive solar radiation when the normal shield is used. This shield
causes the module to function as if it were in the shade for off-pointing angles up to 22°.
From 22° to 90°, the various components receive varying amounts of solar radiation
depending on their location.
Unfortunately, it is impossible to graphically represent the steady-state thermal
characteristics of the shielded module by a single set of curves similar to those pre-
sented in Figure 5.2-6. Instead, several families of curves similar to the family for
B,H,, shown in Figure 5.2-16, are required. The value of G/G in Figure 5.2-16
is as given by the broken line of Figure 5.2-7.
Regardless of G/G , the qua si-steady-state fuel temperature is constant
because the fuel is always shielded from the sun (Figure 5.2-16). Since this is the
case, it i's readily apparent that the RTG should be adjusted to cause the fuel to run at
about 250 R. This can be accomplished by increasing the RTG temperature to approxi-
mately 1100°R or moving the RTG about one foot closer to the module.
5 .2 .5 .4 Mission Operation With Louvers
Utilizing all the information and techniques which have now been discussed, it is
possible to construct the temperature histories of the module components for an entire
mission. In order to fully demonstrate the thermal characteristics of the module, this
has been done for a module with an abbreviated shield and one with a normal shield.
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Figure 5.2-16. Steady-State Fuel Temperatures for Varying Off-Pointing
Angles; Standard 10-ft dia. Shield, 960°R RTG
The results are presented in Figures 5.2-17 and 5.2-18. The major differences
between the two configurations are:
1) The spacecraft with the normal 10-ft shield does not need to
be reoriented prior to the first engine operation since the
shielding aids the valve to attain operational temperature limits.
2) The module temperatures will remain constant once the initial
launch transient is overcome.
The 10-ft diameter shield adds a substantial safety factor to the thermal control system
design. Figure 5.2-17 shows that the module operates near its maximum temperatures
immediately after launch and at its minimum temperatures when the off-pointing angle is
zero if an abbreviated shield is used. But with the larger shield, module temperatures
remain constant once the initial transient is overcome. In fact, if the LNo coolant flow
rate during groundhold is properly adjusted, the propellant temperatures will remain
constant during the entire mission. Thus, it is possible to accommodate, within limits,
additional unforeseen variations such as shifts in RTG temperature. However, for large
off-pointing angles, >50°, for long periods of time, the large shield would actually be
a slight detriment because it reduces the module's view of space.
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Curves similar to those of Figures 5.2-17 and 5.2-18 can be constructed for
almost any conceivable mission to Jupiter (except those with extended orbit time near
Earth or low altitude orbits around Jupiter) by using those curves presented thus far.
Such results would necessarily be less reliable but they would serve as excellent first
order approximations. For example, suppose the mission were to be altered to the
extent that instead of pitching the module to allow solar heating on the +X side, it were
pitched to allow the off-pointing solar heating on the -Y side ( i.e., only the fuel tank
would receive solar heating). If the lift-off temperatures were as the case of
Figure 5.2-8, the results would be approximately as follows:
a) Module with Abbreviated Shield
• The fuel temperature history would approximate the temperature
history during a normal mission (Figure 5.2-17) since solar
heating would be about the same.
• The oxidizer temperature would remain at about 225 R since it
will effectively operate as if it were continuously in shade.
о The helium tank will substantially act as it does during a normal
mission, since it will receive about the same amount of solar
heating and the "hot" fuel and "cold" oxidizer will counterbalance
each other relative to the heat conduction through the aluminum
support structures.
• The bipropellant valve will function as it will during a normal
mission since the engine bell receives about the same amount
of solar heating regardless of the direction of the sun, and it
is the bell, for the most part, which controls the valve
temperature.
b) Module with Regular Shield
• The temperatures would be as indicated by Figure 5.2-18 since
the module will still remain shaded.
The reason such an approximation of module operation can be made is that the
various parts of the module are, to a limited degree, thermally independent. The
errors in such an approximation have two sources. First, the extent of shadowing is
not entirely independent of the direction of the sun even though the off-pointing angle is
held constant. Secondly, and more importantly, whether a -X louver _or a +X louver or
no louver is used,solar heating affects the tank temperature. If, for example, the -X
side were exposed to the sun, a significant amount of heat would be added to the module
tank through that louver.
5.2.5.5 Effects of RTG and Louver Changes
The discussion so far has considered variations in mission and variations in
shield size. However, no consideration has been given to the consequences of varying
RTG temperature or replacing the louvers with totally passive radiators. These two
variations will now be considered.
The sensitivity of the module to variations in the RTG temperature depends upon
the amount and location of solar heating which is occurring. The module is most
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sensitive to RTG changes for the condition of 0 off-pointing, i.e., no solar heating.
Figure 5.2-19 is a plot showing the sensitivity at this condition. This plot indicates
that the RTG temperature could be increased to approximately 1135 R before the
maximum allowable propellant temperature (280 R) is exceeded. This is true for 0
off-pointing, but with any appreciable solar heating the maximum allowable tempera-
tures would then be exceeded.
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Figure 5.2-19. Effect of Varying RTG Temperature on Quasi-Steady-State-Module
Temperature; Standard Shield
At the other extreme, the curves show that the RTG temperature must not be less
than approximately 800°R if the fluid temperatures are to be maintained at all times
above 220°R. Of course, the RTG temperature can drop considerably, without harm,
if solar heating occurs.
The module was designed to function properly when the RTG is at about 960 R.
It could have been designed to operate with a different nominal RTG temperature and to
maintain the propellants at different temperatures. This could prove to be a decided
advantage should a clearer definition of the mission indicate that one propellant tank
will receive more solar heating than the other. Such changes in the design are readily
handled by minor moving and/or rotating of the RTG.
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In line with this last comment, it should be noted that the design established is
not necessarily optimum. This design permits sufficient temperature control for the
normal mission specified, but it may prove wise to vary the mission, or RTG tempera-
ture, or even a combination of several variables, in order to accommodate a specific
objective of the overall project. To arrive at the optimum design, it would be necessary
to make an exhaustive parametric study which would consider the following variables:
• Off-pointing angle during the first 40 days.
• Module orientation during the first 40 days.
• Time of first firing,
e RTG temperature.
• RTG temperature variation.
• Louver or radiator area.
As for replacing the louvers with radiator surfaces, the effects are not as striking
as might be expected. A series of computer runs were made to determine how a radiator
surface-controlled system with an abbreviated shield would function when exposed to
different intensities of solar radiation. The results are given in Figure 5.2-20. This
plot is similar to Figure 5.2-6 and may be directly compared to determine the effec-
tivity of louvers as opposed to radiator surfaces. Replacing the louvers with radiators
of equal area reduces the allowable solar intensity to the propellants by about 25%.
The equilibrium temperature for no solar heating is slightly higher, 5°R. By decreasing
the +X radiator (the radiator which "sees" the RTG) area slightly, the curves could be
made to shift down slightly.
As it turns out, radiator surfaces having the same area as the louvers are not
the optimum size. If the radiator area were optimum, the allowable solar intensity to
the propellants would be only 10% less than it is when louvers are used. Thus,
where a semi-passive louver-controlled system can withstand a steady relative solar
intensity of 0.34, the passive radiator-controlled system can withstand a steady relative
solar intensity of 0.31. With a properly sized radiator surface, the mission tempera-
..ture .curves for the fluids would look exactly as given in Figure 5. 2-18. if a standard
10-ft diameter shield is used. These curves will be very similar to the curves of
Figure 5.2-17 if an abbreviated shield ia used except for slightly larger swings (5°R).
This confirms the choice of radiators over louvers for the mission under study.
Of course, louvers make it possible to accommodate a larger fluctuation in RTG
temperature. However, louvers do not increase the flexibility of the thermal control
system as much as might be expected. Louvers have such a minimal effect because of
their locations.
The -X louvers, those which do not "see" the RTG, transfer less than 15 Btu/hr
when fully open because of their low radiating temperature. The +X louvers, when fully
open, receive less than 35 Btu/hr from the RTG because of the view factor. In comparison,
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the propellants may lose as much as 110 Btu/hr to space through the insulation and can
gain as much as 120 Btu/hr from the RTG through the insulation. In essence, the
thermal control exerted by the louvers is only partial.
Placing louvers on the tanks is dictated by the ground rule that no active thermal
control can be used. Obviously, the ideal place to locate the louvers is on the RTG with
a sensor attached to the tanks so that the louvers, though located on the RTG, would
function according to propellant temperatures.- With this arrangement, heat loss to
space through the insulation would be about 100 Btu/hr, but the heat gain from the RTG
could be made to vary from essentially 0 to 200 Btu/hr. It must be clearly understood
that louvers so located would have to operate from tank sensors since the louvers would
have no way to compensate for varying solar heating, or, as an alternative, 100%
sun shading would have to be provided.
There is, of course, the possibility of eliminating the radiator surfaces and
having only insulation on the tanks. This can be done, theoretically, but the thermal
control system would have very little capability to accommodate normal variations in
fabrication (normal material variations) let alone mission variations. Where louvers
give a control range of approximately 44 Btu (variation in heat transfer via the louvers)
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and the radiator surfaces give a control range of about 32 Btu, the insulation has a
control range of less than 10 Btu. The reason for this becomes apparent if the last
two cases are compared to the simple circuit given below.
1
>
R1 V2
/1
R2
For the case of insulation, the resistance of the insulation, R. is somewhat smaller
л *•
and is inversely proportional to V? . Thus, when R. is very large, compared to R_,
the network acts as a simple linear network in which the current is directly proportional
to the voltage (heat transfer is directly proportional to the temperature). For the case
of a radiator surface, however, R. is zero and the current is proportional to V? (heat
transfer is proportional to temperature to the fourth power).
5.3 COMPATIBILITY OF GROUNDHOLD AND FLIGHT
THERMAL REQUIREMENTS
Although the best system for each set of requirements was to a large extent
independently selected, the two designs are compatible and even complementary in
the area of insulation. The selected thermal control system does not conflict with
structural requirements to the extent that structural design is burdened. From the
point of view of the module as a complete system, the thermal design capability is not
unduly taxed. Substantial design latitude remains to accommodate different thermal
design requirements.
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6. PROPULSION SYSTEM ANALYSIS FOR THE
OF,/B,H, PROPULSION MODULE£, £ о
The propulsion system analysis effort consists of three interrelated areas:
1) Determination of propulsion system design requirements.
This includes determining required propulsion equipment,
equipment layout, and component performance require-
ments (temperature limits, pressure limits, etc.).
2) Determination of general operating characteristics of the
propulsion system .
3) Determination of pressure and temperature histories of
the propulsion fluid systems during the mission and the
adequacy of the helium supply system.
The efforts in the first area resulted in the revised propulsion system schematic,
Figure 4-1, and the component temperature limits listed in Table 3-2. This work is
covered in Section 4. 3. This section discusses work associated with items 2 and 3.
6. 1 PROPULSION SYSTEM OPERATING CHARACTERISTICS
6. 1. 1 Center of Gravity Offset
As discussed above, a major consideration in establishing the module configura-
tion was the effect of e.g. offset. It may be recalled that both thermal and propulsion
considerations dictate a single-tank configuration. This shifts module e.g. approximately
seven inches off the craft centerline. In theory, the e.g. will not translate sideways.
Therefore, the e.g. offset can be compensated for by a constant small gimbal angle of
the engine. In reality, the e.g. will probably be displaced somewhat from the designed
e.g. position; this problem must be considered in the module's guidance and control
system design.
The c. g. may be laterally translated due to mechanical errors such as faulty tank
installation. This shift is no greater than 0.032 in. in the fully loaded spacecraft if
both tanks are offset by 0.050 in. in the same direction (assuming the dry spacecraft
was properly balanced). Errors in the masses of propellant loaded can cause c, g. dis-
placements. At launch, a properly balanced spacecraft with properly located tankage
will have its c. g. shifted by 0. 207 in. toward the OF? tank if 2% excess oxidizer and
2% less fuel are loaded. The opposite case shifts the c. g. by 0. 193 in. in the opposite
direction. Errors of 1% displace the e.g. by -0. 107 or +0. 103 in. , respectively. These
figures show that mechanically induced changes in the e.g. are small.
If for any reason the system operates at an off-nominal mixture ratio so that the
residual oxidizer and fuel masses are not at the design ratio, then a c. g. shift will
result. Causes of off-nominal mixture ratio operation include changes in flow coeffi-
cients, unequal tank pressures, off-design propellant density, etc., all of which may
be thermally induced.
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Changes in kinematic viscosity are the dominant cause of variations in the fuel side
flow coefficients since changes in the flow cross-sectional areas are very small. Oxidizer
kinematic viscosity is nearly constant. Unequal tank pressures are likely to occur between
firings due to temperature change effects such as changes in vapor pressure, liquid bulk
which compresses or expands the permanent gas in the ullage, and absorption or desorption
of the permanent gas in the liquid propellants. These differences in pressure •will cause
the propellant masses to be consumed at ratios different from the loaded ratio. Likewise,
off-nominal propellant densities, caused by off-design temperatures, alter the ratio of
oxidizer to fuel consumption.
Regardless of the contribution of
these causes, any accumulated error in
mixture ratio will result in a e.g. shift.
Figure 6. 1-1 shows the lateral e.g.
shift due to mixture ratio change in a
nominal system which has been loaded
with 2107 Ib of OF2 and 702 Ib of &2
H6'
and has burned enough propellant to
deliver 1, 080, 000 Ib/sec of impulse.
Residuals were calculated by assuming
a constant percentage of the theoretical
specific impulse at the given mixture
ratio. (Fuel depletion occurs at r =
2.86 and oxidizer depletion occurs at
r = 3.71.) From this plot, it can be
seen that a e.g. shift caused by thermal
variations affecting the mixture ratio
might be substantially larger than a e.g.
shift due to mechanical variations. How-
ever, a e.g. shift occurrence does not
mean a failure condition. Determining
the-allowable e.g. shift requires a
detailed dynamic investigation of the
total vehicle which considers engine
gimbal limits and vehicle stability.
The input for such a study is the mix-
ture ratio. To find the-mixture ratio,
the effects of temperature upon the pro-
pulsion system must be considered. "
6.1.2 Temperature Effects and Limits
Thermal variations may affect the
propulsion system operation in a variety
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of ways. Experience to date indicates a great sensitivity of combustion smoothness to
the propellant condition when it is injected into the combustion chamber. If the oxidizer
is too cold, it will not react rapidly enough with the fuel to secure reliable ignition and
smooth burning. If the oxidizer is too warm, it will Hash to vapor so that efficient
mixing is not achieved, and "hard starts" may occur. On the other hand, fuel that is
too cold will be excessively viscous so the flow rate will become too "oxidizer-rich. "
Apparently, warm fuel, provided it doesn't flash to vapor, is the least serious problem.
Turning to the specific effects of temperature on mixture ratio, deviations from
nominal mixture ratio can be caused by:
1) Changes in bulk density and viscosity of the propellant.
2) Changes in propellant tank pressures.
3) Changes in flow passage resistances.
All these changes can be directly related to temperature changes provided sufficient
physical data concerning the propellants are available.
Within the constraints imposed by availability of data, calculations were made
for the case where tank pressures are a constant 300 psia and chamber pressure is a
variable function of I at the resultant mixture ratio. All pressure losses were assumed
to vary with viscosity (i.e., all components including the injector were represented by
equivalent L/D's of tubing). Extrapolations of density and viscosity data were used at
temperatures for which such data are lacking. Results are shown as plots in Figures
6. 1-2 and 6. 1-3. With both propellants at 210°R, the mixture ratio is 3.25 or 8.3%
above nominal. Chamber pressure is 101.5 psia. For both propellants at 280 R, the
mixture ratio is 2.86 or 4.7% below nominal. Chamber pressure is 98. 1 psia. Equal
temperatures result in the maximum excursion of mixture ratio, but not of chamber
pressure. Maximum variation in chamber pressure occurs for the cases where the
two propellants are at the opposite extremes of temperature, when it ranges from
102.4 psia down to 97. 2 psia. Specific impulse probably will vary less than 0.5%
within the range of variables indicated. Thus, mixture ratio excursions, not thrust
level or performance, are most seriously affected by propellant temperature and from
cross-checking the above determined mixture'ratios against Figure 6. 1-4, it is seen
that a e.g. shift of as much as 1 in. will occur unless the temperatures are well-
controlled.
Another calculation was made in which only propellant density varied with temper-
ature (i.e., constant chamber pressure and C—'s ) . The results, when plotted as before,
show nearly the same range of r, but the curves fall in reverse order.
The above errors were calculated for the case where both tanks are at the same
pressure. Pressure differences can reduce or increase these flow rate errors. Even
if the regulator functions properly, there can exist substantial differences in pressure
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between the tajiks due to changes in bulk temperature of the pro pell ant and ullage pres-
surant between firings. This will result in much larger flow rate errors (and mixture
ratio errors) until enough propellant has been expelled to reduce the pressure to nominal
regulated-pressure level. Four temperature effects cause pressure variation:
(1) change in ullage volume due to liquid volume changes, (2) change in propellant
/ WRT \
vapor pressure, (3) change in permanent gas (helium) pressure (P = —гт— I, and (4)
change in solubility of the permanent gas in the liquid.
Figure 6.1-4 shows some possible tank pressure variations for the case of no
flow and no solubility when propellents are pressurized at 300 psia total pressure (vapor
pressure plus helium pressure) and are then allowed to increase from a given initial
temperature to a uniform 280°R. The final total pressures are plotted as a function of
a fraction of the full load remaining in the tanks. For small ullages, the rises are
sufficient to cause the relief devices to dump a considerable volume overboard. Even
for the largest ullages, a rise between firings of less than 20 R will cause large mix-
ture ratio deviations. Since both tank pressures are likely to be above nominal under
these circumstances, the total flow rate and hence thrust would be greater than nominal
if operation were initiated.
In Figure 6. 1-5, these same data are shown as a cross plot to indicate how much
higher the oxidizer tank pressure will be than the fuel tank pressure. At small ullages,
the ДР between tanks ranges from substantial (93 psid) for the case where temperatures
have increased by 20°R, to an untenable (397 psid) for the full rise from 210°R to 280°R.
These latter numbers are meaningless, however, since the individual pressures are
above the relief set-points. At large ullages, the tank ДР'з become smaller, but are
still large enough to cause serious mixture ratio errors. The results indicate the
necessity of keeping the propellant temperatures under control. Recalling from Section
5 that the actual module temperatures might vary from the predicted temperatures by
as much as 17 R, it may be erroneously concluded that the thermal control system as
designed is not capable of preventing over-pressurization. However, it should be
understood that the actual module will not deviate from the predictions in a random
manner. Rather the module will follow the predicted thermal pattern, but due to
inaccuracies, it may operate consistently higher (or lower)-than-predicted.
6. 2 PROPULSION SYSTEM PERFORMANCE ANALYSIS
To establish the adequacy of the module configuration, including the thermal con-
trol concept, it is necessary to determine the performance of the propulsion system during
the mission. This analysis was done with the aid of two computer programs, reported
in detail in Reference 17, Appendix B. The rationale behind these programs is discussed
below. The results of the analysis may be considered companion data to that reported
in Figure 5.2-18.
6.2.1 Propulsion Analysis Computer Models
Two digital computer programs were written in FORTRAN and used to calculate
system pressure, flow rates, temperatures, etc., as a function of initial propellant
and helium temperatures. The first program simulates firing conditions by a "time-
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advancing" program which computes propellant flow rates, the resultant changes in the
ullage volumes, the gas flow rates into the ullages, the temperatures, and the pressures
that result. That is, the effect of time is simulated by repeating the entire sequence of
calculations for as many increments of time as necessary to cover the total time interval
equal to the predicted burning time. Calculated values are carried forward as necessary,
and cumulative totals are maintained.
The second program, which simulates cruise periods, was specifically designed
to determine the magnitude of problems due to changing equilibrium temperatures during
a mission, or due to ullage gas temperatures and helium partial pressures which differ
substantially from the equilibrium values. Program inputs are initial temperatures,
pressures, and fluid properties. The outputs are equilibrium pressures and the masses
of the tank ullages. The assumptions and methods used in calculating these variables
are discussed below.
6.2.1.1 General Assumptions for the Computer Models
It was assumed that the propellant and gas circuitry is properly calibrated to pro-
duce nominal engine performance at 250°R (i. e., mixture ratio is 3. 0 and chamber pres-
sure is 100 psia), and therefore should the fluids be at some other temperature, per-
formance will be changed.
Firing durations were calculated for the nominal mission based on a delivered
specific impulse of 400 lb,-sec/lb and a spacecraft mass of 4400 lb at launch. Velocity
increments (AV's) of 100 m/ sec, 1460 m/ sec, and 2320 ml sec were used for the mid-
course, orbit insertion, and orbit inclination maneuvers, respectively. The mid-course
ДУ represents the maximum total for three firings; these were lumped together, since
one long firing is a "worst case" compared to three shorter firings. Burn times for
these firings were calculated according to the equation:
M
o
р
! *
. -1 ДУ
where в, = burning time, seconds
M = spacecraft mass at star'
ДУ = velocity increment, ft/sec
t of firing, Ib
g = gravitational constant, 32.174 ft/sec
I = specific impulse, lb,-sec/lb
M = propellant consumption rate, Ib /sec
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A nominal propellant consumption of 2.5 Ib/sec, according to this equation, yields
firing durations of 44, 533, and 528 seconds for the three maneuvers. These conditions
require total propellant masses which are larger than those given in the work statement.
6 .2 .1 .2 Helium Supply Calculations
Calculations of helium consumption rates are only as accurate as the solubilities,
heat transfer rate models, and helium properties used. In this case, solubility equa-
tions were obtained by curve fitting to the empirical data contained in Reference 22.
No attempt was made to predict the rates at which the helium goes into or comes out of
solution. Instead, it was judged that these rates are relatively slow so that no
significant changes occur during firing periods.
For the calculations made in this study, it was assumed that the propellants con-
tain no dissolved helium until after the mid-course firing (seven days). After each
firing, the helium in the ullages partially dissolves in the liquid propellant until an
equilibrium concentration is reached. Prior to each firing, the ullages are brought up
to regulated pressure in sufficient time for the helium tank and ullage gases to return
to equilibrium temperatures prior to start, yet soon enough before the firing that no
change occurs in the amount of helium dissolved in the liquids. Should pressurization
occur immediately prior to the firing, a greater consumption of'helium would result.
The sudden withdrawal of the amounts needed to raise the tanks to operating level and
to expel the propellant causes the temperature in the helium tank to drop to a lower
level than in the case with an interim warm-up period.
During the two longer firings, the temperatures of the ullage gases drop below
equilibrium temperature. This is because the helium in the helium tank becomes
colder as a firing proceeds due to the fact that the withdrawal of part of the helium
allows the remaining helium to expand. Therefore, helium drawn from the tank gets
progressively colder and chills the ullage gases as it mixes with them, reducing the
average temperatures of these mixed ullage gases to below the initial temperature by
the end of a long firing. (It was assumed, however, that the liquid propellant tempera-
tures remained unchanged during firings.) Therefore, there is a post-firing warming
to equilibrium temperature because heat is transferred into the colder ullage from the
propellant and tank wall. This results in a pressure rise above regulated pressure
unless a substantial fraction of the helium is dissolved in the liquid propellant. After
the orbit insertion burn, the propellants already contain an appreciable fraction of the
equilibrium concentration of helium so that little of the newly added helium goes into
solution. After the orbit inclination burn, the nearly saturated propellant absorbs very
little helium and, therefore, the warming to equilibrium temperature will in this
instance cause the pressure to exceed regulated pressure (by 9 psi, in some cases,
according to the results).
The amount of helium required to expel the propellants is influenced by the amount
of heat transferred to the gas within the helium tank; hence, the importance of the con-
vective heat transfer coefficient. Despite the widespread use of stored high-pressure
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gas supplies, no proven analytical method of predicting the rate of heat transfer from
a vessel wall to a diminishing gas supply has been developed. * For the present pro-
gram, a greatly simplified free convection model was adopted to simulate the gas
film coefficient together with a simple, three-slab representation of the tank wall. It
was assumed that no significant amount of heat was transferred to the tank from out-
side during the firing period (i. e. , the only external energy available to the gas during
firings was that stored in the tank wall). ** Constant values of conductivity and heat
capacity were used in all cases. The errors introduced by this simplification are
probably smaller than the errors in the presently available physical constant values
for the tank wall material. Small errors are also introduced by the use of constant
"average" values for the thermal properties of helium.
6.2.1.3 Ullage Condition Calculations
No attempt was made to account for less-than-perfect mixing of the ullage gases.
Analytical models of diffusion and convective mixing are rather complex and of mediocre
accuracy, so it was not worthwhile to use them. The incoming helium will be more
dense than the saturated propellant vapors in most cases. This means that the accele-
ration produced by the engine will tend to promote convective mixing of the ullage gases.
Therefore, during such periods, substantial mixing may be expected. Nevertheless,
it must also be expected that temperature, density, and concentration gradients will be
present in real tanks to some extent.
The equations were derived on the assumption that the ullage gases are always
uniformly mixed and that the vapor pressures and densities are the saturation values
at the average ullage temperature. This relation is essentially true when ullage temp-
eratures fall below the liquid surface temperature. An initial difficulty developed
because originally the enthalpy balance, used to calculate ullage temperature change,
was based on the assumption that the vapor flux entering the ullage is at the average
ullage temperature (i.e., that the liquid surface is at the average ullage temperature,
an assumption consistent with the dependency of vapor pressure upon ullage temperature).
The mutual dependency of the vapor flux enthalpy and ullage temperature upon each
other caused solution instability. By assuming the vapor flux to be at the liquid bulk
"temperature, the ullage temperature becomes dominated by the influence of the increas-
ingly colder helium temperature. This is borne out by experience.
Apparently, Reynolds and Kays worked only with low pressures (Reference 23), and
Keith covered very rapid blowdown rates (Reference 24). See also Reference 25.
«й«
Originally, the planned program was also to account for heat extracted from the
helium system components, but this was not included due to the exigencies of available
time and the resulting complexity of the computer program. If this energy were avail-
able, the ullage gas temperature might be slightly higher than now calculated.
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A remaining shortcoming is the lack of any accounting for the latent heat of
condensation within the enthalpy balance equations. This is of minor importance.
6.2.1.4 Liquid Propellant Flow
Liquid temperature is important because it affects the flow rates and, therefore,
thrust and mixture ratio. Liquid temperature was assumed constant during each firing
period. In Section 5, this assumption is shown to be correct as far as external heat
transferred to the bulk liquids is concerned. The initial flow to the engine will be heated
or cooled somewhat if the lines, valves, filters, and injectors are not at the same temp-
eratures as the liquids. But these parts have a relatively limited heat capacity and the
turbulent flow conditions will promote rapid adjustment of their temperatures to that of
the liquids.
The major source for significant liquid temperature changes are the thermal
interactions of the liquid-to-ullage interfaces. Vaporization and heat transfer are the
two important mechanisms. For the higher temperature cases, the vapor mass
evolved during the orbit insertion firing becomes sizable, enough in fact to change the
average bulk temperature of the fuel by more than 2 if the heat of vaporization were
to be uniformly drawn from all the liquid. However, if convective currents do not
exist, thermal stratification could develop zones of relatively colder and denser liquid
at tht interface. A sudden initiation of convection could conceivably carry this
denser propellant to the tank outlet port. The likelihood of this is uncertain. More
probably, there would be a gradual commencement of circulation within the liquid before
substantial gradients have developed. This tendency is less pronounced in the oxidizer
tank. During the orbit inclination firing, when the interfaces drop close to the outlet
ports and much of the colder propellant would be consumed, the tendency for such action
to occur appears greater. However, as will be shown later, the consequences of this
occurrence are small. The thrust and mixture ratio could shift one or two percent, but
no harm to the engine would result.
Heat transfer between the ullage gases and the liquids will also tend to chill the
liquid surface toward the end of the larger firings. The magnitude of this effect was
not investigated.
Resistance to propellant flow to the engine depends upon the design geometry.
Several kinds of resistance relations are likely. Some components have discharge
coefficients which are essentially constant over the range of Reynolds Numbers involved.
For the present calculations, it was assumed that the injector was designed with this
characteristic. The injector nominal design point chosen for these calculations was a
fuel velocity of 140 ft/sec, a total oxidizer orifice area of 1.4383 times the fuel orifice
area, and an orifice Cn of 0.75 on both sides. (These values were derived from data
supplied by JPL.)
Flow resistances in pipes and many fluid components are commonly approximated
by a term which includes the product of a "friction factor" term (which is a nonlinear
function of Reynolds Number) and an equivalent pipe length-to-diameter ratio. All of
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the feedline losses, including the valving losses, were assumed to be characterized by
a relation of this form. In the calculations, total resistances, inversely proportional
to the squares of the flow rates, were selected which would give the rated flows at 250 R
with nominal tank pressure (300 psia) and chamber pressure (100 psia). The injector
resistances were subtracted from these giving the total resistances presented by the
lines, valves, filters, etc. Calculated resistances for typical valve, filter, and line
designs yielded total resistances less than these differences; therefore, the remainders
can be attributed to the trimming orifices.
The foregoing simplifications contain departures from reality. For example, the
corrugated metal hoses which comprise much of the feedline lengths would have resis-
tances following totally different relations to Reynolds Number than do smooth-bore
pipes. Friction factors for such hoses are constant up to transition ranges of Reynolds
Number. Above the transition range, the friction factors increase to new, constant
value (Reference 26). Calculations show that the oxidizer hose will operate in a Reynolds
Number range over which the friction factor is constant, but that the fuel hose's friction
factor will vary by as much as 60%. The absolute magnitudes of the hose losses are
fairly low, however, so the errors introduced by assuming "pipe flow" are small.
Filters typically impose pressure losses which are directly proportional to the flow
rate rather than following the square law. And the trimming orifices may operate in
the constant Cn range, whereas they were treated as equivalent L/D ratios in the
present calculations.
6 .2 .1 .5 Engine Performance Calculations
It was assumed that engine specific impulse is a function of mixture ratio only.
In practice, it is slightly sensitive to chamber pressure and, to a lesser degree, pro-
pellant temperatures. However, within the range that chamber pressure and propellant
temperatures change in this situation, the assumption introduces negligible error.
6 .2 .2 Analysis Results
As shown above (Figure 5.2-18), the predicted propellant and helium temperatures
are very nearly constant during the normal fully-shaded mission. A set of computations
were made to reveal the system performance and operating points during this mission.
Fuel and oxidizer temperatures were assumed to be a constant 250 R and helium
temperature was set at 256 R.
With the propellant equilibrium temperatures held constant throughout the period
from before the mid-course firing to the end of the orbit inclination maneuver, the
mixture ratio and chamber pressure will be the same during each firing for constant
tank pressures (assuming no degradation in propellant or hardware). At the end of a
single 44-sec mid-course manuever, the oxidizer ullage temperature is calculated to
be 252. 5°R and the fuel ullage temperature is 251. 7°R. A total of 27. 18 Ib of helium
at 251. 5°R is left in the helium tank.
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During the following cruise period, the propellant tank ullage gases will return
to 250 R. Since the liquid propellants were free of helium until the firing, a portion of
the helium in the ullages will dissolve into the liquids. When equilibrium helium con-
centration at 250°R is attained, the total pressures (vapor pressure plus partial pressure
of helium) will be 291. 8 psia in the fuel tank and 248.9 psia in the oxidizer tank. Prior
to the orbit insertion firing, these ullages must again be pre-pressurized to 300 psia.
At the conclusion of the 533-sec orbit insertion firing, the oxidizer ullage is at
245.4°R and the fuel ullage is at 242. 3°R. At this point, the temperature of the 17. 07 Ib
of residual helium is 215.8°R.
The post-firing cruise period allows the propellant tank ullage gases to return to
equilibrium temperatures. This causes the pressures to rise above operating level
since the propellants have become saturated during the previous cruise period. Hence,
the propellants absorb very little additional helium at the new equilibrium conditions.
Oxidizer tank pressure at equilibrium cruise condition is 308. 2 psia, the fuel tank
pressure is 309.4 psia.
Starting the orbit inclination firing at these elevated pressures generates a
momentary surge in chamber pressure to 102. 1 psia and the mixture ratio drops to
2.976 to 1. In less than 20 sec, both of the tank pressures decline to regulated
levels (300 psia) and engine performance is again nominal. At the end of the 528-sec
firing, the oxidizer ullage is at 241. 2°R and the fuel is at 240. 5°R. The final residual
helium mass is 7. 14 Ib at 205. 6°R; this corresponds to a final pressure of 821 psia.
These results are given in Figure 6.2-1.
Of course, it is possible to analyze any given mission with the computer program
to obtain a picture similar to that given for the normal'mission.
To obtain a generalized picture of what may occur relative to engine performance
should the fuel and oxidizer temperatures be other than 250°R, computations were done
for a matrix of cases. The results are given in Figures 6.2-2 and 6.2-3. These plots
show the effect of propellant temperatures on mixture ratio and chamber pressures.
It will be seen that mixture ratio never exceeds 3. 16 nor falls below 2.88. The extreme
~values_of chamber pressure are 104.3 and 96.5 psia. Thes^e values occur when the
oxidizer temperature falls to 200 R or rises to 290 R, with corresponding fuel tempera-
tures of 210 and 270°R. If neither propellant exceeds the 210 or 270°R limitations, then
the mixture ratio range is approximately 3. 13 to 2.93, and the chamber pressure range
is 103.6 to 98.2 psia.
No generalized data are presented which indicate the helium consumption for
various arbitrary missions simply because the range of variables is nearly limitless.
Not only is helium consumption dependent upon propellant temperatures, but also upon
mission profile.
From the comments and data presented, it can be seen that the module propulsion
system performance is relatively insensitive to the mission temperatures. Neither
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mixture ratio nor chamber pressure changes more than 1% from the nominal design
points if the propellants are kept at the same temperature and within 12°R of the nominal
(250 R) temperature. Under the worst conditions, that is, either propellant at the
extreme limits and the other propellant temperature differing from it by a full 20°R,
the mixture ratio and chamber pressure will be within 5% of the nominal values. (All
of these conclusions relate to firings with both propellant tanks at 300 psia.)
It should be recalled that the basic module design results in an offset between
the module centerline and the spacecraft centerlme. One concern has been the possi-
bility of a shift in spacecraft^, g. should the mixture ratio not remain nominal. Calcu-
lations show that for the normal mission, the e.g. shift after the last burn will be
approximately 0.25 in. toward the fuel tank. Only a minor shift should be expected for
the normal mission since the engine operation is very nearly constant. If a peculiar
mission were attempted, however, the e.g. shift could become considerably larger.
One last point should be noted. The present helium tank volume is adequate for
normal mission temperatures, but lower temperatures (approximately 245 R) probably
would cause sufficient helium depletion so the final moments of the orbit inclination
firing would occur in a blowdown mode within the propellant tanks. This should not
cause alarm since it is rather easy to adjust the thermal design slightly and obtain a
higher average helium temperature.
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7. CONCLUSIONS AND RECOMMENDATIONS CONCERNING THE
OF^/B0H, PROPULSION MODULE STUDY
с. с. о
By a process of progressive evaluation and selection (according to the criteria
mentioned in Section 3), a single design configuration for an OF_/B ? H/ propulsion
module has been established. The configuration fulfills the basic objective of pro-
viding a reliable, light-weight propulsion system which can be fabricated with state-
of-the-art technology. Major conclusions drawn from the analyses and evaluation
are summarized below.
1) A light-weight, space truss/single platform structure is required
for the module and can be easily adapted to the requirements of
other subsystems.
2) Non-porous foam insulation (3/4-inch thick) meets the requirements for
groundhold insulation and most of the requirements for flight insulation.
3) Liquid nitrogen, circulated through coils that are submerged inside
the tanks, has ample capacity to maintain the fluids within their
prescribed temperature limits during groundhold, even if a sizable
insulation failure occurs.
4) Freezing of the fuel on the surface of the cooling coil is possible
if the average fuel temperature is sufficiently near the fuel
freezing temperature and the velocity of the liquid nitrogen in
the coil is too high.
5) To avoid fuel freezing, it will be necessary to design a system
that will supply the liquid nitrogen at a rate not exceeding 1500
Ib/hr. For better temperature control, the liquid nitrogen flow
rate should be variable with a minimum flow rate of about 175
Ib/hr, and a manual override should be included in the system.
6) To avoid freezing of the fuel, it will also be necessary to
control the on/off flow of the liquid nitrogen by temperature
sensors. The sensor for controlling flow initiation should
be immersed in the fuel just below the surface. The sensor
for controlling flow stoppage should be attached to the coil at
or near its lowest point.
7) To avoid frost or moisture collection on portions of the frame,
foam insulation will be required on all members and lines which
contact the three tanks. Metal parts must be-insulated for a
distance of about 1 ft from the tanks and non-metal members
must be insulated for about 4 in.
8) The helium and propellant temperatures during the first six
or seven days of flight are determined, to a large extent,
by the temperatures which exist at launch because of the fluid
heat capacitance.
9) The allowable steady-state, off-pointing angle which may be
tolerated for the first 100 days is dependent on the amount of
sun shielding provided. For the module as designed, the
allowable off-pointing angle is approximately 20° at launch,
increasing to 90 about day 100.
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10) The module will be kept within the desired temperature limits
if the louvers are replaced by radiator plates. However, the
margin of safety will be slightly less.
11) The design of the pin joints at the bottom of each tank is not
critical from the standpoint of thermal control. Since it is
necessary to insulate the attaching frame as indicated above
in (5), a joint having a high thermal conductance does not
result in excessive heat transfer via the frame because of
frame insulation
12) Unless engine operation is initiated when the valve temperature
is above the allowable fuel temperature, the first engine firing
may not be made prior to day 3 (it takes three days for the valve
to cool down from the ambient temperature of groundhold). In
addition, if the module is launched into an orbit which causes
the engine bell to be exposed to solar radiation, it may be neces-
sary to orient the craft in a 0° off-pointing angle position for
several hours prior to engine firing in order to lower the valve
temperature.
13) Heat soak-back from the engine after engine firing is of minor
consequence except for the bipropellant valve and connecting
propellant lines. The valve temperature will rise to approxi-
mately 600°R and small amounts of propellants will be vapor-
ized and returned to the tank to avoid high pressure.
14) The propellant lines and other control components will remain
within the required temperature limits.
15) For the normal mission, the propulsion system functions properly
with sufficient helium for the mission.
16) The standard sun shield (10-ft in diameter) should be used.
Although a much smaller shield is acceptable and lighter, the
larger shield allows considerably more latitude in mission
operation. More important, however, a larger shield gives
the thermal control system a much larger safety factor.
Although the analysis and design work discussed in the previous section has shown
that the module, as designed, is capable of maintaining the proper thermal environment,
it is recommended that further effort be concentrated in the following areas.
1) A study program should be initiated which investigates boiling
of the propellants in the feedlines upon engine shutdown. Side
effects, such as vapor venting back into the tanks, should be con-
sidered. However, this study should not be initiated until the
bipropellant valve design is started.
2) The engine thrust structure should be designed to stabilize the
bipropellant valve temperature. Ordinarily, the gimbal brackets
and the gimbal mounting supports are designed to prevent heat
transfer to the structure from the engine during firing. From
the standpoint of thermal control of the module, this is of
little concern since the entire thrust structure is effectively
isolated from the rest of the module by the long, thin boron-
filament tubes which support the thrust structure. It is im-
possible to state explicit design guidelines at this time, since
they are highly dependent upon the design of the valve and the
manner in which it is secured to the engine.
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3) Attention must be given to the helium control system. In
Section 6 it was pointed out that pressurization sufficiently
in advance of firing to allow thermal equilibrium to be
achieved prior to the firing may conserve helium. However,
to accomplish this, the helium valves must be re-usable (not
squib-type) and must be leak-tight. This may be difficult
to achieve. Obviously, unless an appreciable quantity of
helium can be saved, there is no advantage to early pres-
surization. The quantity of helium which would constitute
an appreciable amount can be determined only by considering
all facets of the module including its development and manu-
facture cost. From the calculations made, it would seem that
the helium savings would at most, be 1 to 3 Ib. With this
amount of saving in helium consumption, it is hard to justify
efforts to save it; but, in some cases, the saving could be
critical. It is therefore recommended that, as soon as the
mission parameters are firm, a study in the area of helium
conservation and required components be made.
4) A study should be initiated to establish a reliable means of
remotely controlling louvers. If such a mechanism existed,
louvers could be placed at their most effective position
(near the RTG) and still be controlled by fluid temperatures.
This would be a tremendous advantage in that very little
restriction by thermal control, if any, would be placed on the
module design (shield requirements) or module orientation
relative to the sun.
5) To establish that a reliable flight model has actually been
designed, it is recommended that a series of module thermal
control tests be made. These tests should have the following
objectives:
• Establish operational capability for the hottest
portion of the mission.
• Establish operational capability for the coldest
portion of the mission.
• Establish the simplest manner of "trimming" the
craft for a particular mission.
• Establish operational characteristics during
groundhold.
As part of the testing to establish the groundhold characteristics, passivation
procedures should be proved compatible with the module design. Appendix A is
the recommended type of test program and passivation procedure.
Also, in conjunction with this last item, it is earnestly suggested that a simple
groundhold test be made which uses only a single insulated container. This test should
investigate thermal gradients in the fluids during groundhold and methods of LN-,
coolant control. If properly run, this small initial test will ensure the success of the
full scale module thermal test and save funds and time.
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APPENDIX A
ENGINEERING MODEL TEST PLAN, OF-/B-H, PROPULSION MODULE
c. e, о
1. INTRODUCTION
In order to prove the thermal control system design, it will be necessary to
test a model of the module. It is not necessary that such testing duplicate the expected
module mission. Rather, the testing should be designed to prove the system capability
at hot and cold extremes. Also, testing should furnish sufficient information to pro-
vide guidance in any future analysis or design effort. The recommended test plan for
such a test program is presented below. The recommended hardware and procedure
for passivation checkout when using actual propellants are also given.
2. OBJECTIVES
The objectives of the testing are two:
1) Verify the thermal control system design by testing it under
simulated extreme environmental conditions.
2) Provide a basis for any proposed changes in the system, by
verifying the validity of the analytical (computer) model.
3. TEST ARTICLE
Ideally, the test article should be as described in the drawings in Section 4.
However, as indicated below, some deviations may be tolerated without materially
compromising test objectives.
3. 1 VIBRATION TEST
The test article for the vibration test can be one propellant tank, its insulation,
radiators, and the internal cooling coil.
3. 2 GROUNDHOLD THERMAL TEST
The test article for the groundhold thermal test can be the complete module as
described in the drawings, except the engine and engine thrust frame may be deleted.
However, lines leading from the various control panels and tanks, together with their
prescribed insulation, should be installed. It is not necessary to have the spacecraft
or RTG installed.
During this test, the following hardware substitutions may be made. Pressurant
and propellant tanks may be made of aluminum, if desirable, provided the tank sur-
faces are properly prepared prior to application of the foam insulation. The hardware
of the various control panels and the isolation valve hardware located at the base of
each propellant tank do not need to be flight-type hardware. Fiberglass struts may be
used in the place of all-boron filament struts.
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3. 3 FLIGHT THERMAL TEST
The test article for this test is the module as described in drawing X122468,
Section 4. In addition, a heated surface covered with multilayer insulation simulating
the spacecraft, and a simulated RTG, is required. The simulated RTG only needs to
be a heated surface which "sees" the module with the same view factor as the flight RTG.
The fluid tanks may be fabricated from aluminum and all-boron filament struts
may be replaced with fiberglass struts. The engine and the bipropellant valve should
duplicate in shape, weight, and thermal conductivity the flight hardware as nearly as
possible and it is important that simulated feed and purge lines, which attach to the
valve, be installed. If desirable, the simulated frame may be of carbon steel.
The hardware on the various equipment panels, and the isolation valve hardware
located at the bottom of each propellant tank, must also duplicate the flight equipment
in weight and thermal conductivity. It is not necessary for such equipment to be flight
equipment.
4. SUPPORT EQUIPMENT AND TEST FACILITIES
4. 1 VIBRATION TEST
A vibration test fixture, capable of transmitting loads in a rigid manner to the
test item, will be required. The fixture should be designed to handle, in a rigid manner,
a total load of 2000 Ib during vibration in the axial (Z) and lateral (Y) directions.
Vibration levels during test will be as follows:
Sine: Frequency (Hz) Level (g_m_)
5 - 1 5 1 . 0
15 - 20 1.0 to 2. 0, linear
20 - 220 2.0
220 - 400 2. 0 to 5. 5, linear
400 - 2000 5.5
Sweep rate is to be 1 octave per minute.
4. 2 GROUNDHOLD TEST
A support and transport fixture will be required for the ground thermal test.
The fixture must be capable of supporting the module, 3200 Ib, and maintaining the
five spacecraft support plates in a rigid position in the absence of the spacecraft.
This fixture must attach to the module only at the eight boost vehicle separation assem-
blies and at the five spacecraft support plates.
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Provisions must be made for supplying LN? to the module at arbitrary rates
ranging from 20 to 400 Ib/hr total for 48 hours by way of three separately controlled
circuits. Flow rate measuring equipment must be provided for each line (Figure A-l).
Provisions must also be made for loading (and -unloading) the propellant tanks
with the simulated propellants (Freon 12 and Freon 23).
4. 3 FLIGHT THERMAL TEST
A support fixture which attaches to the eight boost vehicle support points and
to the five spacecraft support points will be required. This fixture must be capable
of supporting the module so the simulated sun can irradiate the module in the two
configurations shown in Figure A-2. The support fixture must be thermally isolated
from the test article at each of the eight boost vehicle support points by an isolation
block having a conductance, kA/x, no greater than 0. 1 Btu/hr-e R. In addition, the
support fixture at these eight points must be black and uninsulated on the -X side for
a distance of 2 ft away from the mating surface. The remainder of the support fixture
should be insulated with one layer of 3 mil aluminized Mylar with the Mylar side out.
On each of these eight supports and adjacent to the mating surfaces a 60-watt heater
and thermocouple must be installed. A sketch of this arrangement is given in Figure A-3.
Testing must be done inside a vacuum chamber having a capability of 10 torr.
The chamber must be completely lined with a LN? cold-wall and the facility must have
a capability of simulating sun radiation over a 10 ft diameter circle at an intensity of
430 Btu/hr-ft . As in the case of the groundhold test, provisions must be made for
supplying the module with LN?. But in this case, it will be used only for maintaining
module temperatures prior to test and in case of emergency.
5. INSTRUMENTATION
5. 1 VIBRATION TEST
No special instrumentation will be required for the vibration test on the test
article provided the frame is rigid. Accelerometers mounted to the support fixture
must be provided wherever necessary to show that the prescribed vibration levels
during the test have been met.
5. 2 GOUNDHOLD TEST
Instrumentation for the groundhold test will consist of LN_ flow meters for
measuring the coolant flow rate into each of the helium and propellant tanks, thermo-
couples for establishing temperatures of various components, and pressure taps for
monitoring the pressure of the helium and propellant tanks.
All thermocouples should be Cu/Cn, 24- or 28-gauge. The positions and ranges
of these thermocouples are listed in Tables A-l and A-2 and in drawing SK 406876
of this Appendix. The range of the required pressure gauges are also listed in
Table A-l .
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SOLENOID
SHUTOFF
VALVE
MAIN
SHUTOFF
VALVE
LIQUID
NITROGEN
STORAGE
VESSEL
PRESSURE GAUGE
FLOW METER
THERMOCOUPLE
-в*. TO FUEL TANK
• TO OXYDIZER TANK
•TO HELIUM TANK
Figure A-l . Schematic of LN, Supply System
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SUNyECTOR
SIMULATED 20е
OFF-POINTING ANGLE
SIMULATED 90°
OFF-POINTING ANGLE
Figure A-2. Schematic of Module Position Relative to Sun
Vectors for Flight Thermal Tests
THERMOCOUPLES
3 MIL AJ.UMINIZED MYLAR,
MYLAR SIDE OUT ON +X
SIDE (SIDE FACING RTG) -
^ 1
1
^
>
X4>
:PA
.
pLMC
« 3 f
•M^
MODULE SUPPORT FOOT
ISOLATION BLOCK
FIXTURE SUPPORT FOOT
100 WATT HEATER
FIXTURE SUPPORT BEAM -
INT BLACK WITH CAT-A-LAC
FLAT BLACK FOR 2 FT FROM
 MIL ALUMINIZED MYLAR,
YLAR SIDE OUT.
Figure A-3. Schematic of Typical Support Foot of Vacuum Test Fixture
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Table A - l . Module Thermocouple List
T/C No. Description
1 B,H/ tank, bottom
с. о
2 BpH/ tank, top
3 OF- tank, bottom
4 OF, tank, top
9A, B, C, 'D, E Spacecraft support (each support)
16 OF- center strut
24 Diagonal strut, +X, center
38 Frame, -X, + Y
43 Frame, +X, 4-Y
49 Helium control panel
52 Insulation exterior, B-H,, -X
55 Insulation exterior, B2H,, +X
59 Insulation exterior, OF-, +X
61 Mating foot, +X, + Y
63 Mating foot, +X
66 Louver, B2H,, -1-Х
67 Louver, B2H,. -X
68 Louver, OF,, +X
69 Louver, OF,. -X
76 Propellant valve
80 OF- feedlme, middle
82 Bipropellant valve
88 Mating foot, +X, - Y
89 Mating foot, -Y
90 Mating foot, -X, -Y
91 Mating foot, -X
92 Mating foot, -X, +Y
93 Mating foot, +Y
95 Aluminum beam
108 Cross beam
112 Helium tank, top
113 Helium tank, bottom
125 Thrust cone _ . - - - •
145 Shield +X
146 Aft shield
154 Spacecraft insulation, -X
156 Spacecraft insulation, +X
157 RTG
181 • B?HA co°lant coil, bottom
182 OF? coolant coil, bottom
183 He coolant coil, bottom
Note: Thermocouple numbers are chosen to correspond to node numbers of the
computer analysis program.
A-6
Table A-2. Support Thermocouples and Heaters
T/C No.
201
202
203
204
205
206
207
208
211
212
213
214
215
216
217
218
219
220
Heater No.
1
2
3
4
5
6
7
_ 8 . _
9
10
11
12-16
Isolation
Isolation
Isolation
Isolation
Isolation
Isolation
Isolation
Isolation
Adjacent
Adjacent
Adjacent
Adjacent
Adjacent
Adjacent
Adjacent
Adjacent
Adjacent
Adjacent
Size
100 watts
I t
1 1
11
t t
1!
1 1
И
1 0 watts
20 watts
14 KW
100 watts each
Description
block, top, +X, +Y
block, top, +X
block, top, +X, -Y
block, top, -Y
block, top, -X, -Y
block, top, -X
block, top, -X, -Y
block, top, + Y
to heater No. 1
to heater No. 2
to heater No. 3
to heater No. 4
to heater No. 5
to heater No. 6
to heater No. 7
to heater No. 8
to heater No. 9
to heater No. 10
Description
Fixture support beam, +X, + Y
Fixture support beam, -fX
Fixture support beam, +X, +Y
Fixture support beam, -Y
Fixture support beam, -X, -Y
Fixture support beam, -X
Fixture support beam, -X, + Y
Fixture support beam, + Y
T/C cable guard heater
Fluid line guard heater
Engine Bell Heater
Spacecraft support (each support)
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5. 3 FLIGHT THERMAL TEST
The basic instrumentation on the test article for the flight thermal test is the
same as that listed for the groundhold thermal test. However, to monitor the opera-
tion within the vacuum chamber and to eliminate the flow of heat from the support
fixture, the additional instrumentation listed in Table A-2 will be necessary.
All instrumentation lines and fluid lines must have guard heaters located within
1 ft of the test article, and all instrumentation line bundles and fluid lines must be
insulated with 10 or more layers of aluminized Mylar with the Mylar side out. The
location and size of these heaters are listed in Table A-2,
Radiometers for monitoring the simulated solar intensity will be required. The
exact location of these will have to be determined after the module has been installed
inside the vacuum chamber. They must be mounted so they will continuously view the
solar simulator during the test.
6. SIMULATED PROPELLANTS
During tests in which simulated propellants are required, Freon 12 should be
used as the oxidizer and Freon 23 as the fuel. Table A-3 lists the properties of the
fluids. It will be noticed that most of the properties of the simulated propellants are
not the same as they are for the actual propellants. However, this will not appreciably
affect the validity of the results, since the variations may be taken into consideration
in the analysis of the results.
Table A-3. Fluid Properties
Property
Boiling point at 1 ATM ° R
Freezing point at 1 ATM ° R
3
Liquid density lb/ft
Specific heat of liquid Btu/lb-° R
Thermal conductivity Btu/hr-ft-° R
в
г
н
б
-
190. 0
30.2
0.65
0. 72
Freon 23
345. 0
213. 0
32. 8
1. 55
0.008
OF2
300. 0
-
91. 0
0.348
0. 175
• Freon 12
438. 0
208. 0
81.8
0.232
0.006
7. TESTS
7. 1 VIBRATION TESTING
The first test to be performed is a vibration test. The sequence of testing is as
follows:
1) Install the vibration test specimen in the vibration test fixture.
2) Install accelerometers to the vibration fixture.
3) Load tank to 90% with LN2.
4} Visually inspect for damage and cracks in the insulation.
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5) Vibrate in the X or Y axis as follows:
Sine: Frequency (Hz) Level (g )
5 - 15 1.0
15 - 20 1.0 to 2.0, linear
20 - 220 2.0
220 - 400 2. 0 to 5. 5, linear
400 - 2000 5.5
Sweep rate is to be 1 octave per minute.
6) Inspect for damage and cracks in the insulation.
7) Vibrate in the Z axis at same levels indicated in Step 5.
8) Inspect for damage and cracks in the insulation.
Note: These tests could be performed with water in the tank in place of the
LN?. However, to assure a highly reliable system, LN~ is recommended.
7. 2 GROUNDHOLD THERMAL TEST
The second test to be performed is the groundhold thermal test. Starting with
the test apparatus and support fixture as indicated in Section 2. 2, the specific steps
of the test are as follows:
1) Flow LN? through the helium tank and the propellant tanks
cooling coils at approximately 50 Ib/hr per tank.
2) During the chilling process of Step 1, monitor the pressure of
the three tanks continuously. Maintain the pressure of these
three tanks during the chilling process between 15 and 30 psia
by bleeding helium into the helium tank and filling the propellant
tanks with the simulated propellants. Continue this process
until all tanks reach a temperature of 280 ±15° R, the propellant
tanks are 90% filled with simulated propellant, and helium tank
is at 25 to 30 psia. Adjust the coolant flow rate as necessary to
achieve equilibrium at this condition.
3) Inspect the entire system for frost formation and insulation
damage.
4) Increase the coolant rate to each of the three tanks by 100%.
Hold this condition until equilibrium thermal conditions are
achieved. Note: Reduce coolant flow rate if coolant tempera-
tures.T/C's number 1 through 4, drop below 215" R.
5) Inspect the entire spacecraft for frost formation and insulation
damage.
6) Increase the coolant How rate to each of the three tanks by
100%. Hold this condition until equilibrium thermal conditions
are achieved. Do not allow propellant to drop below 215° R.
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7) Inspect the entire spacecraft for frost formation and insulation
damage.
8) Stop all LN_ coolant flow. Monitor all temperatures and pressures
at 15-minute intervals for 12 hours.
9) Re-establish coolant flow rate in each of the three tanks, if necessary,
to maintain 200° R.
10) Empty propellant tanks of all simulated propellant 12 hours after
initiation of Step 8. Stop all LN? coolant flow and allow the module
to return to atmospheric temperature. Vent helium tank as neces-
sary to maintain pressure below 45 psia. Inspect the entire space-
craft for insulation damage and water formation.
Note: During all portions of this test, all thermocouples and all pressure
gauges must be monitored every 30 minutes. All tank pressures must be maintained
above atmospheric pressure.
Alternate Groundhold Thermal Test
The steps listed above will provide sufficient basic information concerning the
groundhold control system to establish its characteristics and adequacy. If the LN,
supply system is complete and includes automatic LN? flow control, it is recommended
that steps 4 through 9 be replaced with the following steps:
4) Set the automatic flow control temperature limits for the
oxidizer and helium tanks at 270" R and 220° R.
5) Set the automatic flow control temperature limits for the
fuel tank at 270° R to 190° R.
6) Set LN? supply pressure at level which will result in an LN?
flow rate of 250 to 400 Ib/hr per tank when the control valves
are open.
7) Initiate automatic operation.
8) Allow test to run continuously for 48 hours or until each
tank has cycled at least once. Record times at which each
cooling circuit cycled on or off. Record LN, flow rates.
9) Inspect continuously for insulation failure.
7. 3 FLIGHT THERMAL TEST
The third test to be performed is the flight thermal test. Starting with the test
apparatus mounted to the support fixture, the specific steps of this test are as follows:
1) Orient the test fixture to simulate a 20" off-pointing sun angle.
2) Pressurize the helium and propellant tanks to 30 psia with
helium.
3) Reduce the pressure of the vacuum facility to 10 torr or
less. The coldwalls may be flooded with LN, when a
-4pressure of 10 torr is achieved.
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4) When the temperature on the tanks, thermocouples 1, 3, 76,
and 113 reach 220° R, turn the power on to the simulated RTG.
Adjust that power to maintain a temperature on the RTG of 960° R.
5) Adjust all guard heaters to maintain temperatures as indicated
in Table A-4.
6) Maintain these conditions until thermal equilibrium conditions
are obtained. Thermal equilibrium may be considered achieved
when thermocouples 1, 3, 38, 43, 66, 82, 113, and 125 vary no
more than 2°R per hour. Record all temperature and heater
power every half hour. Completion of this step constitutes a
steady-state, 0" off-pointing, simulation test.
7) Turn on solar simulation to simulate 20° off-pointing sun angle
for near-earth condition, that is, solar intensity of 430 Btu/hr.
Adjust guard heaters to maintain temperatures as indicated in
Table A-4. Maintain this condition until thermal equilibrium
is obtained. Completion of this test constitutes a steady-state,
20° off-pointing, simulation test.
8) Return facility and test hardware to ambient conditions by
warming с old wall and breaking vacuum. Maintain all heater
powers on during this phase as necessary, including the RTG
until temperatures on the module reach 520° R.
9) Inspect all insulation on the module for damage.
10) Orient the test fixture to simulate a 90" off-pointing sun angle.
11) Reduce the pressure of the vacuum facility to 10 torr or
less. Flood the с old walls with LN-, when 10"* torr is achieved.
12) When the temperature on the tanks, thermocouples 1, 3, 76,
and 113 reach 220° R, turn the power on to the simulated RTG
to maintain a temperature of 960° R, and turn solar simulation
on to simulate a solar intensity of 125 Btu/hr-ft .
13) Adjust all guard heaters to maintain temperatures as indicated
in Table A-4.
14) Maintain these conditions until thermal equilibrium conditions
are obtained. Record all temperatures and heater powers every
half hour. Completion of this test constitutes a steady-state,
90° off-pointing, simulation test.
15) Turn off solar simulator and RTG. Allow thermocouples 3, 6,
and 113 to return to approximately the steady-state values
obtained in Step 6.
16) Fill propellant tanks to 40% capacity with simulated propellants
(Freon 23 for the fuel and Freon 12 for the oxidizer). Use LN2
cooling and/or RTG as necessary to maintain thermocouples
3, 6, and 113 as indicated in Step 6.
17) Pressurize propellant tanks to approximately 20 psia and the
helium tank to 400 psia with helium.
18) Turn power on to RTG to maintain a temperature of 960° R and
turn solar simulation on to simulate a solar intensity of 430
Btu/hr-ft? .
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19) Adjust all guard heaters to maintain temperatures as indicated
in Table A-4.
20) Maintain these conditions for 12 hours or until thermocouple 82
reaches 310° R, whichever is sooner. Record all temperatures
every half hour.
21) Turn on auxiliary engine heater to maximum power until thermo-
couple 125 reaches 1660"R.
22) Turn off auxiliary engine heaters and solar simulator. Record
all temperatures and heater power every 10 minutes for 1 hour
and every half hour thereafter for 2 hours.
23) Return facility and test hardware to ambient conditions. Vent
propellant tanks as necessary to maintain pressure below 45
psia. Inspect the module for damage.
24) Remove test article and support fixture from vacuum facility
and secure vacuum facility.
Table A-4. Thermocouple Set Points During Flight Test
T/C No. Temperature (° R)
9A, B, C, D, E 520 to 555
157 960
201 T/C 61 ±10
202 T/C 63 ±10
203 T/C 88 ±10
204 T/C 89 ±10
205 T/C 90 ±10
206 T/C 91 ±10
207 T/C 92 ±10
208 T/C 93 ±10
219 Match closest module
T/C ±10
220 T/C 2 ±5
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7. 4 VIBRATION RE-RUN TEST
The last test to be performed is a re-run of the vibration test described in
Section 5. 1. The specific steps of the test are as follows:
1) Remove the propellant tank which was used in the first vibration
test from the module.
2) Repeat the test exactly as indicated in Section 5. 1.
8. PASSIVATION PROCEDURE
The following is a preliminary recommendation for a procedure to passivate
the oxidizer circuit of the module and to fill it with oxidizer (OF.,). This procedure
is based on a philosophy of conservatism. Conservatism is warranted because of
the extreme reactivity and toxicity of the oxidizer, the lack of flight system opera-
tional experience with it, and the necessity of completing the filling operation on
time so launch operations are not delayed.
At present, there is no standard procedure for passivation. Essentially all
programs to date, using either OF, or F_, have dealt with heavy-weight systems in
which thick wall sections have provided substantial heat sinks and conduction paths
£for dissipating locally generated heat. The module, however, will have thin wall
parts so it is essential that heat-producing reactions are minimized and, when
inevitable, are slow enough to keep local temperatures as low as possible. At the
same time, it is important that the probability of latent hazards is reduced to
negligible levels by thorough cleaning and passivating. To assure as complete a
reaction as possible, the reactivity of the passivating gases should not be too
inhibited by low temperatures; hence, the need for controlling the gas temperature
to keep it at or slightly above ambient.
To achieve reliable, but safe, operations, a number of procedural and design
concepts are suggested.
1) The system must always be under control, regardless of the
problems encountered. A series of redundant valves should be
used in many locations. One of each pair should be normally
closed, remotely operated, so that the system can be secured
by sensing malfunctions or by a "panic" switch in a safe
location or whenever power is interrupted. Water spray
provisions for cooling should cover the entire area. All
liquid and vapor should be easily and quickly removable in
case reactions cause unsafe temperature rises. Adequate
inert gas supplies should be available to thoroughly purge
the system.
Apparently Rocketdyne's Nomad was the sole exception.
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2) A more than adequate facility for disposing of the entire supply of
fluorine and OF- should be available. F- and OF- which has
circulated in the system should be condensed and stored (under
LN..,) for later disposal in another area whenever feasible. Re-use
should be discouraged due to the chance of contamination with
reaction products. Mobile tankage (e. g. , General Chemical
trailers) is preferred for all storage because this allows
easy removal to a remote location when the ground system is to
be worked on. Sufficient empty capacity must be provided to
catch all condensate from the entire operation (passivation, fill,
and perhaps a second fill in case the initial load must be drained).
3) Reliable means of cleaning and drying, and keeping the system
clean and dry, must be incorporated into its design. Generally,
it should be assumed that flow is necessary to effectively clean,
dry, and passivate; hence, dead-end volumes should be reduced
to a very minimum. Sensing methods to detect hydrocarbons
and moisture will be necessary. One nearly universal rule is
to keep a pad pressure (approximately 20 psig) of clean, dry,
inert gas in the system at all times possible. Exceptions to
this are when the system is evacuated to dry the circuit, remove
inert gas, or to remove the F» or OF- vapor, and after the
circuits have been opened for repair or cleaning. Unfortunately,
this vacuum may draw moisture-laden air into the system if
there are any leaks; therefore, leak-tightness is essential to
dryness, if the system is to be evacuated.
4) Personnel safety requires a leak-tight system. OF- vapor is
highly toxic, so slight leaks pose a serious hazard, especially
if air changes are not rapid enough to keep the concentration
below the MAC.
The system schematic diagram, drawing SK 407052, has not been subject to
careful scrutiny; nevertheless, it shows a number of features which enhance opera-
tional safety and flexibility. Among these are flow passivation of all facility parts
which see F™ or OF-, thermal control of the passivating gas and condenser for
returned vapor. The relative complexity is a potential problem as is the determina-
tion of just where temperatures should be monitored.
Abbreviated Procedure
1) Supplies: The following supplies shall be available:
• Clean, dry helium
e Liquid nitrogen
• Gaseous fluorine (or liquid fluorine and evaporator)
• Water, for general cooling in the event of a fire or
leak, and for the disposal system
• Propane to the burner
e Oxidizer
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NOTES: UNLESS OTHERWISE SPECIFIED
2) Cleaning: All parts contacted by F2, OF2 or helium shall be
cleaned to fluorine service level. No hydrocarbons, silicon
compounds, or other non-metals shall be detectable by
standard clean room inspection techniques. No water (dew
point at least -100°R, no solvents or other volatile sub-
stances shall be detectable. Special care shall be taken to
assure that no non-approved metals or polymers are present
(i. e. , cleaning procedure shall leave essentially no solid
particles of noncompatible materials, such as chips of
metal, flakes of coatings or bits of plastic or polymer).
This includes lines downstream of the relief and disposal
system valves (16 and 18). Particulate contamination
shall conform to that level specified for the propulsion
system. After cleaning, all sections of the system upstream
of the relief and disposal valves shall remain pressurized
to 20 psig with clean, dry inert gas at all times except when
charged with FZ or OF_.
3) Functional Tests and Calibrations: The entire system and
its components shall be functionally tested to assure that
all valves function, all relief valves open at appropriate
setpoints, and no gas is bypassing the filter elements. All
gauges and transducers shall be calibrated; this must be
done without introducing contamination.
4) Leak Check: The entire system shall be leak checked.
a) Fluorine/OF2 Systems - All components and lines
which carry F£ or OF2 liquid or vapor shall be leak-
tight to helium gas at rated working pressure and
ambient temperatures, as indicated by soap solution
(Snoop) bubble test or mass spectrometer. Valve
seat leakage on critical shutoff and relief valves
shall be checked by helium flow out special test taps.
This check must be made in a manner which reliably
precludes the entry of contaminants into the system
via the test taps.
b) Helium system shall be reasonably leak-tight at
operating pressures.
5) Passivation: The entire circuit shall be passivated by con-
tact with warm mixtures of helium and fluorine gases of
increasing fluorine concentration before any pure fluorine
gas or OF2 is allowed to enter. Flow rate increases
through valves are to be controlled by very slowly opening
the valves. Critical/typical parts and the return flow shall
be monitored for temperature increase to detect reactions.
Temperatures above critical limits (to be specified) are to
be lowered by immediately decreasing the fluorine concen-
tration. Continuous monitoring is essential to avoid over-
heating and fires.
a) Ground System Passivation - Clean connecting pieces
are used to interconnect Ci to C2 and Сз to CQ.
Connectors C4 and Cc are to be joined together as are
Cfc and C-f. The surge tank is then filled with a 20%
(by weight) mixture of fluorine in helium. To do this,
all valves and regulators are closed except valves 7,
10, and 28. Then regulator Rl is gradually opened
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until a pressure of *psig is built up in the surge tank.
Valves 7 and 10 are then closed. Valves 8 and 9 are
slowly opened to admit fluorine gas to the surge tank
until a pressure of *psig is attained, then valve 9 is
closed. The helium gas should be warmed by the
heater so that the resulting mixture in the surge tank
will equalize at a temperature of 20 to 40°R
above the maximum atmospheric ambient temperature.
If the system is definitely known to be able to withstand
vacuum and is fully leak-tight, it may be evacuated by
pump via valve 16. By metering the gas with valve 10
and sequentially opening valves throughout the system,
all parts except the helium system are gradually pres-
surized to 50 psig with this mixture. During this pro-
cess, pertinent temperatures are monitored to detect
heating due to reaction. If sustained temperature in-
creases are noticed, the mixture should be diluted with
helium by closing valve 10, opening valve 7 and all inter-
vening valves, increasing the regulator outlet pressure,
and drawing off the mixture through the disposal system
by opening valve 18. Once the mixture is diluted suffi-
ciently to begin reducing the temperature, the inflow of
helium and outflow to the disposal system should be
stopped so the diluted mixture can slowly react with the
contaminant. After the temperature has returned to near
ambient, the mixture should be flushed out with helium and
the system vented via the disposal system down to 20 psig.
Then the process is repeated by admitting more of the 20%
mixture from the surge tank. If excessive temperature
rises are repeated, the system must be purged with helium
(and evacuated, if possible) until the detector reads "0"
fluorine concentration and the offending section must then be
re cleaned, leak checked, and passivation attempted again.
If the process results in acceptable temperature rises, then
a new mixture of 50% fluorine is made up in the surge tank
and the procedure of sequencing the valves is repeated. After
successful passivation to the 50% fluorine mixture, the process
is repeated with pure fluorine gas. When the entire system has
contained pure fluorine gas at 50 psig for 30 minutes and all
temperatures are essentially constant, the pressure should be
slowly increased to the maximum pressure at which the system
will operate plus a margin of 20 psi. Care must be taken to
avoid actuating relief devices. If different parts of the system
operate at different pressures, the valving must be used to
isolate the lower pressure sections while the pressure is
raised in the other parts of the system. The purpose of this
step is to be sure all parts of the system are exposed to
fluorine at pressure and temperatures slightly in excess of
the maximums to be encountered in service. Successful
operation of all the above steps should be followed by replace-
ment of the fluorine with helium at 20 psig.
*#b) Propulsion System Passivation - When the module oxidizer
system is ready to be passivated, valves 7 and 28 are opened
so helium pad pressure is maintained by regulator Rl. Valves
2, 4, and 5 should be closed then opened a slight amount to
allow a continuous purge as the connectors are separated.
*
Pressures depend upon tank volume.
**
It must be confirmed that the entire oxidizer circuit of the module is clean and leak-
tight.
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Then the interconnecting lines between C
n
 С. С,
u, \, e.,
C, must be removed and the connectors attached to
the spacecraft relief, fill, and pressurization ports.
It is most vital that this be accomplished without any
contamination or moisture entering the fittings. The
slight pad pressure in the spacecraft should be used
as a gentle purge by opening the fill and pressuriza-
tion valves slightly before the module connections are
uncapped. After connection has been secured, these
connections must be carefully leak checked. Helium
is then flowed through the module system and out the
pressurization valve to the disposal system so a
moisture detector can be used to be sure the module
is dry inside. Then the spacecraft system is passi-
vated with fluorine/helium mixtures just as the ground
system was passivated. Note, however, that there
are at least three dead-end volumes within the oxidizer
circuit (cross-hatched on the drawing) and two volumes
that cannot be readily passivated at this stage (the injec-
tor and the tank relief module shown dotted cross-hatched).
The former must be passivated by pumping action; that is,
repeated variations in pressure must be imposed to push
the passivating gas into the dead-end volumes. The latter
should be cleaned and passivated before arrival at the pro-
pellant loading facility, and then carefully sealed to pre-
vent contamination. In order to fully passivate the feed
and relief return lines, it will be necessary to actuate
the oxidizer isolation valve and the relief valve so passi-
vating gas can be flowed through these two lines. Evacu-
ation of the propulsion system may not be possible (it
depends upon the buckling strength of the lines and tank
under external pressure), so venting down to nearly
ambient pressure via the disposal system plus helium
purging may be the only means of removing the fluorine
gas. After exposure to the 20%, 50%, and pure fluorine
has been successfully accomplished, the normal pad
pressure of helium should be left in the spacecraft sys-
tem. After passivation, connection С, is broken and
both ports capped in a manner which precludes air and
с ontamina ti on.
6) Chilling the System - When the oxidizer loading operation is
ready to commence, the ground and module circuits must be
chilled to as near the specified oxidizer ground storage tem-
perature as possible -- most likely this will be in the range
of 210 to 240°R. To do this, the fill lines' jackets are filled
with liquid nitrogen and a preliminary chilling is accomplished
with helium flowing through these cold sections, through the
propulsion system, and out the pressurization port to the dis-
posal system. During this period, the propulsion groundhold
thermal conditioning system operation is started by flowing
coolant (LN,) through the internal coils of the oxidizer tank.
Appropriate temperature sensors are monitored to gauge the
chilldown progress. When suitable temperatures have been
reached, the flow rates are varied as necessary to maintain
the temperature.
7) Oxidizer Loading - Due to the toxicity and reactivity of the
OF_ a completely closed system is highly desirable but some
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provision for emergency disposal ia necessary. This may be
done with the same equipment used for the fluorine. To mini-
mize the amount of OF2 passing out the disposal system, a
liquid nitrogen chilled condenser is used. Furthermore, if
at all feasible, the module tank and feedlines should be as
near to the liquid OF- storage temperature as possible to
minimize vaporization.
a) Metering - A weighing system seems most preferable.
This is not shown on the diagram. Probably it will con-
sist of a set of load cells within the mount holding the
module.
b) Preparations - Supply and condensate catch tanks are brought
to the propellant loading area. If necessary, a supply of LN_
is attached to each tank. The interconnecting lines between
C. and C_ and C, and C_ are removed, and the appropriate
ground system to tank connections are made without introducing
air or contamination.
c) Filling - Pressurization of the OF- supply tank is the preferred
means of transferring the liquid to the module. (Seal leakage,
and the potential for fire, makes pumps undesirable. ) Since
the recommended working pressure of the tanks is low, very
good control over the pressure is required to avoid cracking
the relief valve while supplying sufficient head to force OF_
into the module system. The condenser and condensate tank
are used as a low pressure receiver downstream of the module
into which vapor generated in the flight system will be drawn.
To establish this low pressure sink, the liquid nitrogen jackets
are filled and the internal volume bled down to about 2 to 5 psig
via valve 18 with valves 2, 3, 16, 20, 23, 24, 27, and 30 closed
and valves 19, 2i, 22, and 25 open. Helium regulated to the
desired working pressure is admitted to the ullage of the supply
tank by opening valve 29 and regulator R2; valves 13 and 15 have
been open in the relief path for the supply tank, and valve 26 for
the condensate tank. With valves 1, 3, 5, 7, 10, 14, 16, 17,
18, 20, 23, 24, and 30 closed, valves 6, 11, and 12 are opened.
Valve 2 is opened, then the module oxidizer fill valve is opened.
Next, valve 4 is gradually opened to permit OF- to flow. Cold
OF- vapor will chill the filler line and then fill it with liquid.
Boil-off vapor flowing out the module tank to the condenser
will be liquefied and flowed under gravity head to the condensate
tank. If sufficient head is not developed due to the volume of
boil-off, then valve 27 should be slowly opened to decrease the
back pressure by venting off some of the vapor through the
burner; this should be done only if necessary. As the module
tank is chilled to liquid temperature, it will be filled with
liquid OF_. Filling should proceed slowly to minimize the
amount of sub-surface boiling in the module system. Since
the refrigeration system is sufficiently effective, there will
be very little vaporization even at the low filling pressures.
When the weigh system indicates a full load is on board
valves 4 and 19 are closed.
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d) Securing the Ground System - To empty the liquid fill line
valves 3 and 17 are opened. If this line does not drain due
to gravity, valve 17 is closed, then pressurant is slowly
introduced through valve 1 to force the liquid OF? out of
the fill line. When the line is empty of liquid, valves 2 and
12 are closed, valves 14, 18, and 29 are opened, and
helium pressure is used to purge the line. Next, valves 3,
14, 18, and 29 are closed and 2 is opened again.
8) Emergency Draining - The system must, of course, be able
to safely drain the module tankage. To do this, valves 3,
5, 7, 10, 12, 14, and 24 are closed. Valves 6, 11, 2, 25,
and 26 are opened. The line jackets are chilled with LN,.
Then valves 1 and 28 are opened and regulated helium pres-
sure is slowly applied to the tank while valve 4 is slowly
opened. This forces liquid OF, out of the module tank,
through the fill and condensate return line and into the
condensate tank. Since pressure will build up in the con-
densate tank, it may be necessary to carefully vent this
vapor pressure through valve 27 to the burner. When the
liquid has been completely drained, valve 23 is closed. If
necessary, the entire transfer system and spacecraft cir-
cuit can then be purged with helium (or evacuated through
valve 18 by the vacuum pump if this is necessary).
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APPENDIX В
MODULE STRUCTURAL ANALYSIS
The following figures and tables present, in detail, the geometrical arrangement
of the structural elements, ultimate loads on each member, and .the size and weight of
each truss element. Where items have not been designed, conservative estimates of
the weights were included in the weight summary. It should be clearly noted that Boron
filament struts were assumed in this analysis. Except for a weight increase, fiberglass
struts could be used in place of Boron filament struts.
B-l
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Figure B-l. Upper Truss Structure
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Table B-6. Tank Upper Support Members
TANK
A2+
т
<
16.
с
34,
L
7в
" I
2
I
<t OFjTANK
+
SO
В1
Load. Size. Weight
MEMBER
B2 Т
Т С
Al S
S С
MAXIMUM
COMPRESSION
4100
4100
1470
1470
L
27.8
22
25.8
22
t
.0104
.0104
.0104
.0104
DIAMETER
1.42
1.24
.96
.88
WEIGHT (LBS)
TUBE
.19
.13
..12
.10
END
FITTINGS
.30
.30
.15
.15
TOTAL
.49
.43
.27
2^5
1.44
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